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CHAPTER 

1 
INTRODUCTION 

1-1 PROPULSION 

The Random House College Dictionary (Ref. 1) defines propulsion as "the act 
of propelling, the state of being propelled, a propelling force or impulse" and 
defines the verb propel as "to drive, or cause to move, forward or onward." 
From these definitions, we can conclude that the study of propulsion includes 
the study of the propelling force, the motion caused, and the bodies involved. 
Propulsion involves an object to be propelled plus one or more additional 
bodies, called propellant. 

The study of propulsion is concerned with vehicles such as automobiles, 
trains, ships, aircraft, and spacecraft. The focus of this textbook is on the 
propulsion of aircraft and spacecraft. Methods devised to produce a thrust 
force for 'the propulsion of a vehicle in flight are based on the principle of jet 
propulsion (the momentum change of a fluid by the propulsion system). The 
fluid may be the gas used by the engine itself (e.g., turbojet), it may be a fluid 
available in the surrounding environment (e.g., air used by a propeller), or it 
may be stored in the vehicle and carried by it during the flight (e.g., rocket). 

Jet propulsion systems can be subdivided into two broad categories: 
air-breathing and non-air-breathing. Air-breathing propulsion systems include 
the reciprocating, turbojet, turbofan, ramjet, turboprop, and turboshaft en­
gines. Non-air-breathing engines include rocket motors, nuclear propulsion 
systems, and electric propulsion systems. We focus on gas turbine propulsion 
systems (turbojet, turbofan, turboprop, and turboshaft engines) in this 
textbook. 

1 
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2 GAS TURBINE 

The material in this textbook is divided into three parts: 

• Basic concepts and one-dimensional gas dynamics 

Analysis and performance of air-breathing propulsion systems 

• Analysis of gas turbine engine components 

This chapter introduces the types of air-breathing and rocket propulsion 
systems and the basic propulsion performance parameters. Also included is an 
introduction to aircraft and rocket performance. The material on aircraft 
performance shows the influence of the gas turbine engine performance on the 
performance of the aircraft system. This material also permits incorporation of 
a gas turbine engine design problem such as new engines for an existing 
aircraft. 

Numerous examples are included throughout this book to help students 
see the application of a concept after it is introduced. For some students, the 
material on basic concepts and gas dynamics will be a review of material 
covered in other courses they have already taken. For other students, this may 
be their first exposure to this material, and it may require more effort to 
understand. 

1-2 UNITS AND DIMENSIONS 

Since the engineering world uses both the metric SI and English unit system, 
both will be used in this textbook. One singular distinction exists between the 
English system and SI-the unit of force is defined in the former but derived in 
the latter. Newton's second law of motion relates force to mass, length, and 
time. It states that the sum of the forces is proportional to the rate of change of 
the momentum (M = mV). The constant of proportionality is 1/gc. 

L F=l_ d(mV) =2_ dM 
gc dt gc dt 

(1-1) 

The units for each term in the above equation are listed in Table 1-1 for both 
SI and English units. In any unit system, only four of the five items in the table 
can be specified, and the latter is derived from Eq. (1-1 ). 

As a result of selecting gc = 1 and defining the units of mass, length, 
and time in SI units, the unit of force is derived from Eq. (1-1) as 

TABLE 1-1 
Units and dimensions 

Unit system 

SI 
Eriglish 

Force gc 

Derived 
Pound-force (!bf) Derived 

Mass 

Kilogram (kg) 
Pound-mass (lbm) 

Length 

Meter (m) 
Foot (ft) 

Time 

Second (sec) 
Second (sec) 

GE-1014.016



INTRODUCTION 3 

kilogram-meters per square second (kg· m/sec2
), which is called the newton 

(N). In English units, the value of gc is derived from Eq. (1-1) as 

I gc = 32.174 ft· lbm/(lbf · sec2
) I 

Rather than adopt the convention used in many recent textbooks of developing 
material or use with only SI metric units (gc = 1), we will maintain gc in all our 
equations. Thus gc will also show up in the equations for potential energy (PE) 
and kinetic energy (KE): 

PE=mgz 
gc 

mV2 

KE=-
2gc 

The total energy per unit mass e is the sum of the specific internal eriergy 
u, specific kinetic energy ke, and specific potential energy pe. 

- V 2 gz 
e = u + ke + pe = u + - + -

2gc gc 

There are a multitude of engineering units for the quantities of interest in 
propulsion. For example, energy can be expressed in the SI unit of joule 
(1 J = 1 N · m), in British thermal units (Btu's ), or in foot-pound force (ft · lbf). 
One must be able to use the available data in the units provided and convert 
the- units when required. Table 1-2 is a unit conversion table provided to help 
you in your endeavors. 

TABLE 1-2 
Unit conversion table 

Length 

Area 

Volume 

Time 
Mass 

Density 
Force 

Energy 

1 m = 3-2808 ft= 39.37 in 
1 km = 0.621 mi 
1 mi= 5280 ft= 1.609 km 
1 nm = 6080 ft = 1.853 km 
1m2 =10.764 ft2 

1 cm2 = 0.155 in2 

1gal=0.13368 ft3 = 3.785 L 
1L=10-3 m3 = 61.02 in3 

1 hr = 3600 sec = 60 min 
1 kg= 1000 g = 2.2046 lbm = 6.8521 x 10-2 slug 
1slug=1 lbf · sec2/ft = 32,174 lbm 
1 slug/ft3 = 512.38 kg/m3 

1 N = 1 kg · m/sec2 

1 !bf= 4.448 N 
1J=1 N -m = 1 kg - m2/sec2 

1Btu=778.16 ft· lbf = 252 cal= 1055 J 
1 cal= 4.186 J 
1 kJ = 0.947813 Btu= 0.23884 kcal 
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4 GAS TURBINE 

Power 

Pressure (stress) 

Energy per unit mass 
Specific heat 
Temperature 

Temperature change 
Specific thrust 
Specific power 
Thrust specific fuel consumption (TSFC) 
Power specific fuel consumption 
Strength/weight ratio (u / p) 

1W=1J/sec=1 kg· m2/sec3 

1hp=550 ft· !bf/sec= 2545 Btu/hr= 745.7 W 
1kW=3412 Btu/hr= 1.341 hp 
1atm=14.696 lb/in2 or psi= 760 torr= 101,325 Pa 
1 atm = 30.0 inHg = 407.2 inH20 
1 ksi = 1000 psi 
1 mmHg = 0.01934 psi = 1 torr 
1Pa=lN/m2 

1 inHg = 3376.8 Pa 
1 kJ /kg= 0.4299 Btu/lbm 
1 kJ/(kg · 0 C) = 0.23884 Btu/(lbm · °F) 
1 K = l.8°R 
K = 273.15 + °C 
0 R = 459.69 + °F 
l°C = l.8°F 
l lbf/(lbm/sec) = 9.8067 N/(kg/sec) 
1hp/(lbm/sec)=1.644 kW /(kg/sec) 
l lbm/(lbf ·hr)= 28.325 mg/(N ·sec) 
l lbm/(hp ·hr)= 168.97 mg/(kW ·sec) 
1ksi/(slug/ft3)=144ft2 /sec2 =13.38 m2/sec2 

1-3 OPERATIONAL ENVELOPES 
AND STANDARD ATMOSPHERE 

Each engine type will operate only within a certain range of altitudes and 
Mach numbers (velocities). Similar limitations in velocity and altitude exist for 
airframes. It is necessary, therefore, to match airframe and propulsion system 
capabilities. Figure 1-1 shows the approximate velocity and altitude limits, or 
corridor of flight, within which airlift vehicles can operate. The corridor is 
bounded by a lift limit, a temperature limit, and an aerodynamic force limit. The 
lift limit is determined by the maximum level-flight altitude at a given velocity. 
The temperature limit is set by the structural thermal limits of the material 
used in construction of the aircraft. At any given altitude, the maximum 
velocity attained is temperature-limited by aerodynamic heating effects. At 
lower altitudes, velocity is limited by aerodynamic force loads rather than by 
temperature. 

The operating regions of all aircraft lie within the flight corridor. The 
operating region .of a particular aircraft within the corridor is determined by 
aircraft design, but it is a very small portion of the overall corridor. 
Superimposed on the flight corridor in Fig. 1-1 are the operational envelopes 
of various powered aircraft. The operational limits of each propulsion system 
are determined by limitations of the components of the propulsion system and 
are shown in Fig. 1-2. 

The analyses presented in this text use the properties of the atmosphere 
to determine both engine and airframe performance. Since these properties 
vary with location, season, time of day, etc., we will use the U.S. standard 
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INTRODUCTION 5 

atmosphere (Ref. 2) to give a known foundation for our analyses. Appendix A 
gives the properties of the U.S. standard atmosphere, 1976, in both English 
and SI units. Values of the pressure P, temperature T, density p, and speed of 
sound a are given in dimensionless ratios of the property at altitude to its 
value at sea level (SL), (the reference value). The dimensionless ratios of 
pressure, temperature, and density are given the symbols 8, e, and u, 

Piston engine and propeller ? Piston engine and propeller 

Turboprop \ Turboprop 

Turbofan Turbofan ~ 
Turbojet Turbojet ~ 

Ramjet Ramjet 

I I I I I 

4 0 20 40 60 80 100 
Flight Mach number Altitude (!000 ft) 

FIGURE 1-2 
Engine operational limits. 
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6 GAS TURBINE 

respectively. These ratios are defined as follows: 

~ 
~ 

(1-2) 

(1-3) 

(1-4) 

The reference values of pressure, temperature, and density are given for each 
unit system~at the end of its property table. 

For nonstandard conditions such as a hot day, the normal procedure is to 
use the standard pressure and correct the density, using the perfect gas 
relationship er= 8 / e. As an example, we consider a 100°F day at 4-kft altitude. 
From App. A, we have 8 = 0.8637 for the 4-kft altitude. We calculate e, using 
the 100°F temperature; 8=T/4et=(100+459.7)/518.7=1.079. Note that 
absolute temperatures must be used in calculating e. Then the density ratio is 
calculated using er= 8/ e = 0.8637 /1.079 = 0.8005. 

'1-4 AIR-BREATHING ENGI~ES 

The turbojet, turbofan, turboprop, turboshaft, and ramjet engine systems are 
discussed in this part of Chap. 1. The discussion of these engines is in the 
context of providing thrust for aircraft. The listed engines are not all the 
engine types (reciprocating, rockets, combination types, etc.) that are used in 
providing propulsive thrust to aircraft, nor are they used exclusively on 
aircraft. The thrust of the turbojet and ramjet results from the action of a fluid 
jet leaving the engine; hence, the name jet engine is often applied to these 
engines. The turbofan, turboprop, and turboshaft engines are adaptations of 
the turbojet to supply thrust or power through the use of fans, propellers, and 
shafts. 

Gas Generator 

The "heart" of a gas turbine type of engine is the gas generator. A schematic 
diagram of a gas generator is shown in Fig. 1-3. The compressor, combustor, 
and turbine are the major components of the gas generator which is common 
to the turbojet, turbofan, turboprop, and turboshaft engines. The purpose of a 
gas generator is to supply high-temperature and high-pressure gas. 
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FIGURE 1-3 
4 Schematic diagram of gas generator. 

The Turbojet 

By adding an inlet and a nozzle to the gas generator, a turbojet engine can be 
constructe.d. A schematic diagram of a simple turbojet is shown iri Fig. l-4a, 
and a turbojet with afterburner is shown in Fig. l-4b. In the analysis of a 
turbojet engine, the major components. are treated as. sections. Also shown in 
Figs. l-4a and l-4b are the station numbers for each section. 

Inlet 

FIGURE 1-4a 

Low-pressure 
compressor ,;:;;,,! Com00<•' I~ I ; I Nozzle 

2.5 3 4 4.5 5 

HPT = High-pressure turbine 
LPT = Low-pressure turbine 

Schematic diagram of a turbojet (dual axial compressor and turbine). 
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Inlet 

0 

Low- High- Combustor H L 
pressure pressure P P 

compressor compressor T T 

2.5 4 
4.5 

FIGURE 1-4b 
Schematic diagram of a turbojet with afterburner. 

Afterburner 

7 8 

HPT = High-pressure turbine 
LPT = Low-pressure turbine 

The turbojet was first used as a means of aircraft propulsion by von 
Ohain (first flight August 27, 1939) and Whittle (first flight May 15, 1941). As 
development proceeded, the turbojet engine became more efficient and 
replaced some of the piston engines. A photograph of the J79 turbojet with 
afterburner used in the F-4 Phantom II and B-58 Hustler is shown in Fig. 1-5. 

FIGURE 1-5 
General Electric J79 turbojet with afterburner. (Courtesy of ,General Electric Aircraft Engines.) 
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The adaptations of the turbojet in the form of turbofan, turboprop, and 
turboshaft engines came with the need for more thrust at relatively low speeds. 
Some characteristics of different turbojet, turbofan, turboprop, and turboshaft 
engines are included in App. B. 

The thrust of a turbojet is developed by compressing air in the inlet and 
compressor, mixing the air with fuel and burning in the combustor, and 
expanding the gas stream through the turbine and nozzle. The expansion of 
gas through the turbine supplies the power to turn the compressor. The net 
thrust delivered by the engine is the result of converting internal energy to 
kinetic energy. 

The pressure, temperature, and velocity variations through a J79 engine 
are shown in Fig. 1-6. In the compressor section, the pressure and temperature 
increase as a result of work being done on the air. The temperature of the gas 
is further increased by burning in the combustor. In the turbine section, energy 
is being removed from the gas stream and converted to shaft power to turn the 
compressor. The energy is removed by an expansion process which results in a 
decrease of temperature and pressure, In the nozzle, the gas stream is further 
expanded to produce a high exit kinetic energy. All the sections of the engine 
must operate in such a way. as to efficiently produce the greatest amount of 
thrust for a minimum of weight. 

FIGURE 1-6 
Property variation through the General Electric J79 afterburning turbojet engine. 
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10 GAS TURBINE 

The Turbofan 

The turbofan engine consists of an inlet, fan, gas generator, and nozzle. A 
schematic diagram of a turbofan is shown in Fig. 1-7. In the turbofan, a portion 
of the turbine work is used to supply power to the fan. Generally the turbofan 
engine is more economical and efficient than the turbojet engine in a limited 
realm of flight. The thrust specific fuel consumption (TSFC, or fuel mass flow 
rate per unit thrust) is lower for turbofans and indicates a more economical 
operation. 'ilie turbofan also accelerates a larger mass of air to a lower velocity 
than a turbojet for a higher propulsive efficiency. The frontal area of a 
turbofan is quite large compared to that of a turbojet, and for this reason rriore 
drag and more weight result. The fan diameter is also limited aerodynamically 
when compressibility effects occur. Several of the current high-bypass-ratio 
turbofan engines used in subsonic aircraft are shown in Figs. l-8a through 1-8f. 

Figures l-9a and 1-9b show the Pratt & Whitney FlOO turbofan and the 
General Electric F110 turbofan, respectively. These afterburning turbofan 
engines are used in the F15 Eagle and F16 Falcon supersonic fighter aircraft. In 
this turbofan, the bypass stream is mixed with the core stream before passing 
through a common afterburner and exhaust nozzle. 

The Turboprop and Turboshaft 

A gas generator that drives a propeper is a turboprop engine. The expansion of 
gas through the turbine supplies the energy required to turn the propeller. A 

Fan.___ 

Inlet 

0 

FIGURE 1-7 

Bypass Low-pressure 

Nozzle 

High- H L 
pressure Cornbustor P P 
compressor T T 

2.5 4 4.5 5 7 8 

HPT = High-pressure turbine 
LPT =Low-pressure turbine 

Schematic diagram of a high-bypass-ratio turbofan. 
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FIGURE 1-Sa 
Pratt & Whitney JT9D turbofan. (Courtesy of Pratt & Whitney.) 
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FIGURE 1-Sb 

LOW PRESSURE 
COMPRESSOR 

I HIGH PRESSURE 
HIGH PRESSURE TURBINE 

COMPRESSOR I 
COMBUSTION 

CHAMBER ,,-:." I , _-

Pratt & Whitney PW4000 turbofan. (Courtesy of Pratt & Whitney.) 

LOW PRESSURE 
TURBINE 
I 
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...... >·./, 

FIGURE 1-8c 
General Electric CF6 turbofan. (Courtesy of General Electric Aircraft Engines.) 

.. 

FIGURE 1-8d 
Rolls-Royce RB-211-524G/H turbofan. (Courtesy of Rolls-Royce.) 
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FIGURE 1-Se 
General Electric GE90 turbofan. (Courtesy of General Electric Aircraft Engines.) 

FIGURE 1-Sf 

' 

~' 

,.:~j:,!pt/ 

SNECMA CFM56 turbofan. (Courtesy of SNECMA) 

,.., .. 
./ 
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FIGURE 1-9a 
Pratt & Whitney FlOO-PW-229 afterburning turbofan. (Courtesy of Pratt & Whitney.) 

schematic diagram of the turboprop is shown in Fig. 1-lOa. The turboshaft 
engine is similar to the turboprop except that power is supplied to a shaft 
rather than a propeller. The turboshaft engine is used quite extensively for 
supplying power for helicopters. The turboprop engine may find application in 
VTOL (vertical takeoff and landing) transporters. The limitations and advan­
tages of the turboprop are those of the propeller. For low-speed flight and 
short-field takeoff, the propeller has a performance advantage. At speeds 
approaching the speed of sound, compressibility effects set in and the propeller 
loses its aerodynamic efficiency. Due to the rotation of the propeller, the 
propeller tip will approach the speed of sound before the vehicle approaches 

FIGURE 1-9b' 

General Electric FllO-GE-129 afterburning turbofan. (Courtesy of General Electric Aircraft 
Engines.) 
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16 GAS TURBINE 

FIGURE 1-lOa 
Schematic diagram of a turboprop. 

FIGURE 1-lOb 
Allison T56 turboshaft. (Courtesy of Allison Gas Turbine Division.) 

driveshaft 

FIGURE 1-lOc 

Exhaust outlet Diffuser 

Combustion 
chamber 

Air inlet 

Three-stage 
axial flow 

compressor 

Accessory 
drive 

gearbox 

Canadian Pratt & Whitney PT6 turboshaft. (Courtesy of Pratt & Whitney of Canada.) 

;,-
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the speed of sound. This compressibility effect when one approaches the speed 
of sound limits the design of helicopter rotors and propellers. At high subsonic 
speeds, the turbofan engine will have a better aerodynamic performance than 
the turboprop since the turbofan is essentially a ducted turboprop. Putting a 
duct or shroud around a propeller increases its aerodynamic performance. 
Examples of a turboshaft engine are the Canadian Pratt & Whitney PT6 (Fig. 
1-lOc ), used in many small commuter aircraft, and the Allison T56 (Fig. 
l-lOb ), used to power the C-130 Hercules and the P-3 Orion. 

The Ramjet 

The ramjet engine consists of an inlet, a combustion zone, and a nozzle. A 
schematic diagram of a ramjet is shown in Fig. 1-11. The ramjet does not have 
the compressor and turbine as the turbojet does. Air enters the inlet where it is 
compressed and then enters the combustion zone where it is mixed with the 
fuel and burned. The hot gases are then expelled through the nozzle, 
developing thrust. The operation of the· ramjet depends upon the inlet to 
decelerate the incoming air to raise the pressure in the combustion zone. The 
pressure rise makes it possible for the ramjet to operate. The higher the 
velocity of the incoming air, the greater the pressure rise. It is for this reason 
that the ramjet operates best at high supersonic velocities. At subsonic 
velocities, the ramjet is inefficient, and to start the ramjet, air at a relatively 
higher velocity must enter the inlet. 

The combustion process in an ordinary ramjet takes place at low subsonic 
velocities. At high supersonic flight velocities, a very large pressure rise is 

· developed that is more than sufficient to support operation of the ramjet. Also, 
if the inlet has to decelerate a supersonic high-velocity airstream to a subsonic 
velocity, large pressure losses can result. The deceleration process also 
produces a temperature rise, and at some limiting flight speed, the temperature 
will approach the limit set by the wall materials and cooling methods. Thus 
when the temperature increase due to deceleration reaches the limit, it may 
not be possible to burn fuel in the airstream. 

In the past few years, research and development have been done on a 
ramjet that has the combustion process taking place at supersonic velocities. 

Fuel spray ring 

FIGURE 1-11 
Schematic diagram of a ramjet. 
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18 GAS TURBINE 

By using a supersonic combustion process, the temperature rise and pressure 
loss due to deceleration in the inlet can· be reduced. This ramjet with 
supersonic combustion is known as the scramjet (supersonic combustion 
ramjet). Figure l-12a shows the schematic of a scramjet engine similar to that 
proposed for the National AeroSpace Plane (NASP) research vehicle, the X-30 
shown in Fig. 1-12b. Further development of the scramjet for other applica­
tions (e.g., the Orient Express) will continue if research and development 
produces a scramjet engine .with sufficient performance gains. Remember that 
since it takes a relative velocity to start the ramjet or scramjet, another engine 
system is required to accelerate aircraft like the X-30 to ramjet velocities. 

Turbojet/Ramjet Combined-Cycle Engine 

Two of the Pratt & Whitney 158 turbojet engines (see Fig. 1-13a) are used to 
power the Lockheed SR71 Blackbird (see Fig. 1-13b). This was the fastest 
aircraft (Mach 3+) when it was retired in 1989. The 158 operates as an 
afterburning turbojet engine until it reaches high Mach level, at which point 
the six large tubes (Fig. l- l3a) bypass flow to the afterburner. When these 
tubes are in use, the compressor, burner, and turbine of the turbojet are 
essentially bypassed and the engine operates as a ramjet with the afterburner 
acting as the ramjet's burner. 

Aircraft Engine Performance Parameters 

This section presents several of the air-breathing engine performance para­
meters that are useful in aircraft propulsion. The first performance parameter 
is the thrust of the engine which is available for sustained flight (thrust= drag), 
accelerated flight (thrust> drag), or deceleration (thrust< drag). 

FIGURE 1-12a 
Schematic diagram of a scramjet. 
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The velocity of a rocket along its trajectory can be determined from the 
above equation if C, D, g, and e are known. 

In the absence of drag and gravity, integration of Eq. (1-58) gives the 
following, assuming constant effective exhaust velocity C: 

m· 
ilV = Cln~ 

mr 
(1-59) 

where Ll V is the change in velocity, m; is the initial mass of the rocket system, 
and m1 is the final mass. Equation (1-59) can be solved for the mass ratio as 

m; ilV 
-=exp-
m1 C 

(1-60) 

Example 1-10. We want to estimate the mass ratio (final to initial) of an Bi-02 

( C = 4000 m/ sec) rocket for an earth orbit ( /::,. V = 8000 m/ sec), neglecting drag 
and gravity. Using Eq. (1-59), we obtain m1 /m; = e-2 = 0.132, or a single-stage 
rocket would be about 13 percent payload and structure and 87 percent 
propellant. 

PROBLEMS 
1-1. Calculate the uninstalled thrust for Example 1-1, using Eq. (1-6). 
1-;2. Develop the following analytical expressions for a turbojet engine: 

a. When the fuel flow rate is very small in comparison with the air mass flow rate, 
the exit pressure is equal to ambient pressure, and the installation loss 
coefficients are zero, then the installed thrust T is given by 

b. For the above conditions, the thrust specific fuel consumption is given by 

Tgcf rho+ 2Vo 
TSFC 

c. For V0 = 0 and 500 ft/sec, plot the above equation for TSFC [in (lbm/hr)/lbf] 
versus specific thrust T/ri10 [in lbf/(lbm/sec)] for values of specific thrust from 
0 to 120. Use T/r = 0.4 and hPR ='18,400 Btu/lbm. 

d. Explain the trends. 
1-3. Repeat l-2c, using SI units. For V0 = 0 to 150 m/sec, plot TSFC [in (mg/sec)/N] 

versus specific thrust T/ri10 [in N/(kg/sec)] for values of specific thrust from 0 to 
1200. Use T/r = 0.4 and hPR = 42,800 kJ/kg. 

1-4. A J57 turbojet engine is tested at sea-level, static, standard-day conditions 
(P0 = 14. 696 psia, Ta = 518. 7°R, and V0 = 0). At one test point, the thrust is 
10,200 lbf while the airflow is 164 lbm/sec and the fuel flow is 8520 lbm/hr. Using 
these data, estimate the exit velocity V. for the case of exit pressure equal to 
ambient pressure (P0 =Pe)· 
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1-5. The thrust for a turbofan engine with separate exhaust streams is equal to the 
sum of the thrust from the engine core Fe and the thrust from the bypass stream 
FB. The bypass ratio of the engine a is the ratio of the mass flow through the 
bypass stream to the core mass flow, or a= rhB/rhc. When the exit pressures are 
equal to the ambient pressure, the thrusts of the core and bypass stream are given 
by 

where Vee and VBe are the exit velocities from the core and bypass, respectively, 
V0 is the inlet velocity, and rh1 is the mass flow rate of fuel burned in the core of 
the engine. 

Show that the specific thrust and thrust specific fuel consumption can be 
expressed as 

F 1 ( 1 + rh1 / rhc a ) -=- v. +--v -v; 
rho gc 1 + a Ce 1 + a Be 0 

S = rh1 _ __ rh~1_/_1h_c __ 

F (F/rh0 )(l +a) 

where. rh0 = rhc + rhB. 

1-6. The CF6 turbofan engine has a rated thrust of 40,000 lbf at a fuel flow rate of 
13,920 lbm/hr at sea-level static conditions. If the core airflow rate is 225 lbm/sec 
and the bypass ratio is 6:0, what are the specific thrust [lbf/(lbm/sec)] and thrust 
specific fuel consumption [ (lbm/hr )/lbf]? 

1-7. The JT9D high-bypass-ratio turbofan engine at maximum static power (V0 = 0) on 
a sea-level, standard day (P0 = 14.696 psia, Ta= 518. 7°R) has the following data: 
the air mass flow rate through the core is 247 lbm/sec, the air mass flow rate 
through the fan bypass duct is 1248 lbm/sec, the exit velocity from the core is 
1190 ft/sec, the exit velocity from the bypass duct is 885 ft/sec and the fuel flow 
rate into the combustor is 15,750 lbm/hr. Estimate the following for the case of 
exit pressures equal to ambient pressure (P0 =Pe): 
a. The thrust of the engine 
b. The thermal efficiency of the engine (heating value of jet fuel is about 

18,400 Btu/lbm) 
c. The propulsive efficiency and thrust specific fuel consumption of the engine 

1-8. Repeat Prob. 1-7, using SI units. 

1-9. One advanced afterbuming fighter engine, whose performance is depicted in Figs. 
1-14a through 1-14e, is installed in the HF-1 fighter aircraft. Using the aircraft 
drag data of Fig. l-26b, determine and plot the variation of weight specific excess 
power (Ps in feet per second) versus flight Mach number for level flight (n = 1) at 
36-kft altitude. Assume the installation losses are constant with values of 
¢inlet= 0.05 and <Pnoz = 0.02. 

1-10. Determine the takeoff speed of the HF-1 aircraft. 
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1-11. Determine the takeoff speed of the HP-1 aircraft at 90 percent of maximum gross 
takeoff weight. 

1-12. Derive Eqs. (1-47) and (1-48) for maximum CL/C0 . Start by taking the derivative 
of Eq. (1-46) with respect to CL and finding the expression for the lift coefficient 
that gives maximum CL/C0 . 

1-13. Show that for maximum CL/C0 , the corresponding drag coefficient C0 is given by 

1-14. An aircraft with a wing area of 800 ft2 is in level flight (n = 1) at maximum 
CL/ C0 . Given that the drag coefficients for the aircraft are C00 = 0.02, K2 = 0, 
and K 1 = 0.2, find 
a. The maximum CL/Co and the corresponding values of CL and C0 

b. The flight altitude [use Eqs. (1-29) and (1-30b)] and aircraft drag for an aircraft 
weight of 45,000 lbf at Mach 0.8 

c. The flight altitude and aircraft drag for an aircraft weight of 35,000 lbf at Mach 
0.8 

d. The range for an installed engine thrust specific fuel consumption rate of 0.8 
(lbm/hr)/lbf, if the 10,000-lbf difference in aircraft weight between parts b and 
c above is due only to fuel consumption 

1-15. An aircraft weighing 110,000 N with a wing area of 42 m2 is in level flight (n = 1) 
at the maximum value of CL/ C0 . Given that the drag coefficients for the aircraft 
are C00 = 0.03, K 2 = 0, and K 1 = 0.25, find the following: 
a. The maximum CL/C0 and the corresponding values of CL and C0 

b. The flight altitude [use Eqs. (1-29) and (1-30b )] and aircraft drag at Mach 0.5 
c. The flight altitude and aircraft drag at Mach 0.75 

1-16. The Breguet range equation [Eq. (1-45b )] applies for a cruise climb flight profile 
with constant range factor RF. Another range equation can be developed for a 
level cruise flight profile with varying RF. Consider the case where we keep CL, 

. C0 , and TSFC constant and vary the flight velocity with aircraft weight by the 
expression 

Using the subscripts i and f for the initial and final flight conditions, respectively, 
show the following: 
a. Substitution of this expression for flight velocity into Eq. (1-42) gives 

dW VW, 
-=---ds 
Vw RF1 

b. Integration of the above between the initial i and final f conditions gives 

w. [ s ]
2 

:, = l - 2(RF,) 

c. For a given weight fraction i{j/W;, the maximum range s for this level cruise 
flight corresponds to starting the flight at the maximum altitude (minimum 
density) and maximum value of Yc;,;c0 . 

:r 
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q =0, Wx= 0 
(In) (Out) 
I I -------, -------.., 

I hin -1-. -1..._... hout 
I a1.a5 

( v2) --1_. a,.a, -!...-.(v2) I I 
, _______ J 

Interactions = 
0 = 

2gc in I _______ J 2& out 

Net energy flux 

( v2) ( v2) h+- - h+-
2gc out 2gc , in 

FIGURE 2-12b 
Energy equation applied to 
control volumes u 1 and u5 . 

Solution. From the steady flow energy equation with 5 and 6 the in and out 
stations respectively, we have 

and 

or 

so 

Vi v~ 
h6+-=hs+-

2gc 2gc 

Vi= V2gc(hs - h6) + v~ = V2cpgc(Ts - 76) + v~ 
= Y2(6000)(1800 - 1200) + 4002 

= 2700 ft/sec 

b. Compressor and turbine: u 2 and u 4 . The heat interactions at control surfaces 
u 2 and u 4 are negligibly small. Shaft work interactions are present because 
each control surface cuts a rotating shaft. The steady flow energy equation for 
the compressor or for the turbine is depicted in Fig. 2-12c and gives 

( v
2

) ( v
2

) -w=h+- -h+-
x 2gc out 2gc in 

Numerical example: Compressor and turbine. For an equal mass flowt through 
the compressor and turbine of 185 lb/sec, determine the compressor power and 

Interactions = Net energy flux 

( v2) ( v2) h+- - h+-
2gc out . 2gc in 

FIGURE 2·12c 
Energy equation applied to 
control volumes er 2 and er 4. 

t For a typical turbojet engine, 60 to 30 lbm of air enters for each 1 lbm of fuel consumed. It is, 
therefore, reasonable to assume approximately equal mass flow rates through the compressor and 
turbine. 
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the turbine exit temperature Ts for the following conditions: 

cpgc = 6000 ft2/(sec2 
• 

0R) 

Compressor Turbine 

T2 = 74D°R, T3 = 1230°R 

V2 =Vi 
T4 = 2170°R, Ts = ? 
V4= Vs 

Solution. The compressor power W,, = (niwx).,.
2 

is, with V2 = V3 , 

lt;, = -ni(h3 - h2) = -nicp(T3 - T2) 

6000(ft/sec)2 
= -(185 lbm/sec) 32.174 ft· lbf/(lbm. sec2) (1230 - 740) 

1 hp 
= -16.9x10

6 
ft· !bf/sec x f b I 

. 550 t · I f sec 

= -30,700hp 

The minus sign means the compressor shaft is delivering energy to the air in u 2 • 

The turbine drives the compressor so that the turbine power 1.\-; = (niwx).,. 
• • 4 

is equal in magnitude to the compressor power. Thus W, = - it;., where, from the 
energy equation, 

and 

Thus nicP(Ts - T4) = -nicP(T3 - Tz) 

and Ts = Ii - ( ~ - Tz) 

= 2170°R - (1230°R - 740°R) = 1680°R = 1220°F 

c. Combustion chamber: u 3 . Let us assume that the fuel and air entering the 
combustion chamber mix physically in a mixing zone (Fig. 2-12d) to form what 
we will call reactants (denoted by subscript R). The reactants then enter a 
combustion zone where combustion occurs, forming products of combustion 
(subscript P) which leave the combustion chamber. We apply the steady flow 
energy equation to combustion zone u 3 • Since the temperature in the 
combustion zone is higher than that of the immediate surroundings, there is a 
heat interaction between u 3 and the surroundings which, per unit mass flow of 
reactants, is negligibly small (q < 0 but q = 0). Also the velocities of the 
products leaving and of the reactants entering the combustion zone are 
approximately equal. There is no shaft work interaction for u 3 • Hence the 
steady flow energy equation, as depicted in Fig. 2-12d, reduces to 

We must caution the reader about two points concerning this last equation. 
First, we cannot use the relation cP tiT for computing the enthalpy difference 
between two states of a system when the chemical aggregation of the two states 
differs. Second, we must measure the enthalpy of each term in the equation 

! 
I 
I 
I 
! 

I 
·I 

I 

r r, . 
' 

2i1 
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Fuel 

Lr:. ----.---..,(~,..-)-_-_-_--_-_c ___ :_~_--_-_-_~_....._:) 
mR I : mp 

Mixing -4 Combustion 
Air ~ zone I zone ~ 

-------., 
I I 
I a3 I 
i I 
l _______ J 

q = 0, Wx = 0 

Interactions 

0 

= 
= 

__________ .;.. ____ J 

(In) (Out) 
I I -------., 

hR ~ ..l.._. hp 
I a3 I 

y2 --1.... -+- y2 
_ii I _f_ 
2gc - - - - - - - J 2gc 

VP~ VR 

Net energy flux 
FIGURE 2-12d 
Energy equation applied to con­
trol volume <T3. 

relative to the same datum state. To place emphasis on the first point, we have 
introduced the additional subscripts R and P to indicate that the chemical 
aggregations of states 3 an.d 4 are different. 

To emphasize the second point, we select as our common enthalpy datum a 
state d having the chemical aggregation of the products at a datum temperature 
Td. Then, introducing the datum state enthalpy (hp )d into the last equation above, 
we have 

(2-26) 

Equation (2-26) can be used to determine the temperature of the products of 
combµstion leaving an adiabatic combustor for given inlet conditions. If the 
cornbustor is not adiabatic, Eq. (2-26), adjusted to include the heat interaction 
term q on the left-hand side, is applicable. Let us treat the reactants and products 
as perfect gases and illustrate the use of Eq. (2-26) in determining the 
temperature of the gases at the exit of a turbojet combustion chamber via an 
example problem. 

Numerical example: Combustion chamber. For the turbojet engine combustion 
chambe~, 45 lbm of air enters with each 1 lbm of JP-4 (kerosene) fuel. Let us 
assume these reactants enter an adiabatic combustor at 1200°R. The heating value 
hPR of JP-4 is 18,400 Btti/lbm of fuel at 298 K. (This is also called the lower 
heating value (LHV) of the fuel.) Thus the heat released (!iH)298.K by the fuel per 
l lbm of the products is 400 Btu/lbm (18,400/46) at 298 K. The following data are 
known: · · ' . 

cpP = 0.267 Btu/(lbm · 0 R) and cpR = 0.240 Btu/(lbm · 0 R) 

Determine the temner:itllrP nf thP nrArln~•0 I~~··'-- •1- -
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0.2m 

FIGURE 2-18 
Moment balance and control 
volume u for rocket. 

2-11 SUMMARY OF LAWS FOR FLUID 
FLOW 

Table 2-2 gives a convenient summary of the material covered so far in thiS 
chapter in the form of a tabulation of the inass, energy, entropy, and 
momentum equations for a system (control mass) and for control volume flow. 
For steady flow, all terms of the control volume equations refer to quantities 
evaluated at the control surface (neglecting body forces). Thus, to use the 

TABLE 2-2 
Summary of)aws 

Mass conservation 

First law of 
thermodynamics 

Second law of 
thermodynamics 

Second law of 
motion 

Closed system 
of mass 

dm 
dt=O 
dQ _dW =dE 
dt dt dt 

~>I_dQ 
dt -T dt 

°" F =dMx 
L., x dt 

Control volume flow 

dm dm,, .. . 
dt = dt + mout - min 

. . dE 
Q - 'W,, = m(Pv + e)out - m(Pv + e\0 + dt" 

d.s,, . . 1 dQ 
dt+ Sou• -Sin;:,,Tdt 
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control volume equations for steady flow, one need only examine the boundary 
of the control region and identify the applicable terms of the equations. To 
paraphrase Prandtl and Tiejens concerning the theorem of momentum from 
their Fundamentals of Hydro and Aeromechanics (Ref. 14): 

The undoubted value of the steady flow control volume equations lies in the fact 
that their application enables one to obtain results in physical problems from just 
a knowledge of the boundary conditions. There is no need to be told anything 
about the state of fluid, or the mechanism of the motion, interior to the control 
volume. 

Needless to say, the first step in analyzing a fluid flow problem is a clear 
statement or understanding of the control volume and its surface. In this 
respect, note that the mass in the control volume need not be restricted to that 
of a flowing fluid. The control volumes of Figs. 2-12a and 2-17 illustrate this 
point. 

The flows analyzed in this chapter have generally been through volumes 
of other than infinitesimal size. The control volume equations apply also to 
infinitesimally sized control volumes as long as the . fluid is a continuum. 
Examples of the use of an infinitesimal control volume will be given in Chap. 3. 

The basic laws discussed. in this chapter represent a powerful set of I 
analytical tools which form t.he starting point in the analysis of any continuum ·. I 
fluid flow problem. Equations (2-8) through (2-11), or Eqs. (2-20), (2-24), I 
(2-28), and (2-29) plus an equation of state relating the thermodynamic · i 
properties of the substance under consideration will form the basis of all the I 
analytical work to follow. . 

Definitions of new quantities may be introduced, but no further fun- j 
damental laws will be required. Since the relations presented in this chapter 
form the starting point of all analytical studies to follow, time spent on the 
homework problems of this chapter, which are designed to bring out a basic 
understanding of the fundamental equations, will be well invested. 

2-12 PERFECT GAS 

General Characteristics 

The thermodynamic equations of state for a perfect gas are 

P=pRT - (2-30) 

u = u(T) (2-31) 

where P is the thermodynamic pressure, p is the density, R is the gas constant, 
Tis the thermodynamic temperature, and u is the internal energy per unit mass 

I 
-. i 
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and a function of temperature only. The gas constant R is related to the 
universal gas constant Ru and the molecular weight of the gas M by 

Ru 
R=­

M 

Values of the gas constant and molecular weight for typical gases are present­
ed in Table 2-3 in several unit systems; Ru= 8.31434kJ/(kmol · K) = 

1.98718 Btu/(mol · 0 R). 
From the definition of enthalpy per unit· mass h of a substance in Eq. 

(2-3), this simplifies for a perfect gas to 

h=u+RT (2-32) 

Equations (2-31) and (2-32) combined show that the enthalpy per unit mass is 
also only a mnction of temperature h = h(T). Differentiating Eq. (2-32) gives 

dh =du +RdT (2-33) 

The differentials dh and du in Eq. (2-33) are related to the specific heat at 
constant pressure and specific heat at constant volume [see definitions in Eqs. 
(2-4) and (2-5)), respectively, as follows: 

dh = Cp dT 

du= Cv dT 

Note that both specific heats can be functions of temperature. These equations 
can be integrated from state 1 to state 2 to give 

(2-34) 

(2-35) 

Substitution of the equations for dh and du into Eq. (2-33) gives the 
relationship between specific heats for a perfect gas 

I CP = Cv + R I (2-36) 

And y is the ratio of the specific heat at constant pressure to the specific heat 
it constant volume, or 

~ 
I "=~ I 

(2-6) 
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TABLE 2-3 
Properties of ideal gases at 298;15.K (536.67°R) 

---
Molecular cP cP R 

Gas weight [kJ/(kg · K)] [Btu/(lbm · 0 R)] [kJ/(kg · K)] 

Air 28.07 1.004 0.240 0.286 
Argon 39.94. 0.523 0.125 0.208 
Carbon dioxide 44.01 0.845 0.202 0.189 
Carbon monoxide 28.01 1.042 0.249 0.297 
Hydrogen 2.016 14.32 3.42 4.124 
Nitrogen 28.02 1.038 0.248 0.296 
Oxygen 32.00 0.917 0.217 0.260 
Sulfur dioxide 64.07 0.644 0.154. 0.130 
Water vapor 18.016 . 1.867 0.446 0.461 

..... 

-- •-----.~-~~··~·..--~--. .-.. r-··-·--~---· •.--. 

i:: Po ,.,.. ._ 

R 
[(ft· lbf)/(lbm. 0 R)] · 

53.34 
38.69 
35.1 
55.17 

766.5 
55.15 
48:29 
24,1 
85.78 

'Y 

1.40 
1.67 
1.29 
1.40 
1.40 
1.40 
1.39 
1.25 
1.33 

IC 
00· 

Cl 
)> 
V> 

;:! 
Gl 
z 
tT1 

-~ 
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The following relationships result from using Eqs. (2-36) and (2-6): 

~ 
~ 

(2-37) 

(2-38) 

The Gibbs equation relates the entropy per unit mass s to the other 
thermodynamic properties of a substance. It can be written as 

ds =du + P d(l/ p) dh - (1/ p) dP 
T T 

(2-39) 

For a perfect gas, the Gibbs equation can be written simply as 

ds=c dT +Rd(l/p) 
v T 1/p 

(2-40) 

or (2-41) 
dT dP 

ds=c --R-
P T p 

These equations can be integrated between states 1 and 2 to yield the 
following expressions for the change in entropy s2 - s1: 

(2-42) 

(2-43) 

f the specific heats are known functions of temperature for a perfect gas, then 
'..qs. (2-34), (2-35), (2-42), and (2-43) can be integrated from a reference state 
nd tabulated for further use in what are called gas tables. 

The equation for the speed of sound in a perfect gas is easily obtained by 
se of Eqs. (2-7) and (2-30) to give 

I a= YyR~,,T 

~ 
I: ' 

l 
l 
] 
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Calorically Perfect Gas 

A calorically perfect gas is a perfect gas with constant specific heats (cp and cv). 
In this case, the expressions for changes in internal energy u, enthalpy h, and 
entropy s simplify to the following: 

U2 - Ui = Cv(T2 - Ti) 

h 2 - hi = cp(T2 - Ti) 

T1 P2 s - s = c In - - R In -
2 i v Ti Pi 

(2-45) 

(2-46) 

(2-47) 

T,_ P~ 
s - s = c In - - R In --= (2-48) 

2 1 PTi P1 

Equations (2-47) and (2-48) can be rearranged to give the following equations 
for the temperature ratio T,_/Ti: 

T1 (P2)Rlcv S2 - SJ 
-= - exp--
Ti Pi Cv 

T1 (P2)Rlcp S2 - Si 
-= - exp--
T1 P1 Cp 

From Eqs. (2-37) and (2-38), these expressions become 

Isentropic Process 

T1 (P2)y-l S2 - Si 
-= - exp--
Ti Pi Cv 

T,_ (P2)(y-i)iy S2 - S1 
-= - exp--
Ti P1 Cp 

(2-49) 

(2-50) 

For an isentropic process (s2 = s1), Eqs. (2-49), (2-50), and (2-30) yield the 
following equations: 

T,_ = (P2)(y-1)1y 

Ti Pi 
(2-51) 

(2-52) 

(2-53) 

l 
I 
I 

r 

I 
I 

T 
er 
te 

te1 
pe 
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Note that Eqs. (2-51), (2-52), and (2-53) apply only to a calorically 
perfect gas undergoing an isentropic process. 

Example 2-5. Air initially at 20°C and 1 atm is compressed reversibly and 
adiabatically to a final pressure of 15 atm. Find the final temperature. 

Solution. Since the process is isentropic from initial to final state, Eq. (2-51) can 
be used to solve for the final temperature. The ratio of specific heats for air is 1.4. 

(
P2)(y-1)1y (15)o.4/l.4 

Ti= Ti - = (20 + 273.15) -1 
P1 

= 293.15 x 2.1678 = 635.49 K (362.34°C) 

Example 2-6. Air is expanded· isentropically. through a nozzle from T1 = 3000°R, 
Vi = 0, and P1 = 10 atm to Vi= 3000 ft/sec. Find the exit temperature and 
pressure. 

Solution. Application of the first law of thermodynamics to the nozzle gives lhe 
following for a calorically perfect gas: 

This equation can be rearranged to give Ti: 

V~ - Vi 30002 

Ti= Ti - = 3000 - -------
2gccp 2X32.174X186.76 

= 3000 - 748.9 = 2251.1°R 

Solving Eq. (2-51) for P2 gives 

( 
Tz)y/(y-1) (2251.1)3.5 

P =P - =10 -- =3.66atm 2 1 Ti 3000 

'lollier Diagram for a Perfect Gas 

he Mollier diagram is a thermodynamic state diagram with the coordinates of 
ithalpy and entropy s. Since the enthalpy of a perfect gas depends upon 
mperature alone, 

nperature can replace enthalpy as the coordinate of a Mollier diagram for ;i 

rfect gas. When temnPr,,t11r0 r ~--' 
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Mollier diagram, we call it a T-s diagram. We can construct lines of constant 
pressure and density in the T-s diagram by using Eqs. (2-42) and (2-43). For a 
calorically perfect gas, Eqs. (2-47) and (2-48) can be written between any state 
and the entropy reference state (s = 0) as 

T P 
s = c ln - - R ln -

v 4er Pref 

T p 
s = c ln - - R ln -

P 4er Pref · 

where Tref, Pref• and Pref are the values of temperature, pressure, and density, 
respectiyely, when s = 0. Since the most common working fluid in gas turbine 
engines is air, Fig. 2-19 was constructed for air by using the above equations 
with these data: · 

Cp = l.004kJ/(kg. K) Tref = 288. 2 K Pref= 1.225 kg/m3 

R = 0.286 kJ/(kg · K) Pref= 1atm=101,325 Pa 

0 ~~~~~~~~~~~~~~~~~~~ 
0 0.4 0.8 1.2 1.6 2 

Entropy [kJ/(kg • K)] 

FIGURE 2-19 
A T-s diagram for air as a calorically perfect gas. 
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Mixtures of Pedect Gases 

We consider a mixture of perfect gases, each obeying the perfect gas equation 

PV=NRuT 

where N is the number of moles and Ru is the universal gas constant. The 
mixture is idealized as independent perfect gases, each having the temperature 
T and occupying the volume V. The partial pressure of gas i is 

. T 
P=NR -

l l UV 

Accordillg to the Gibbs-Dalfori law, the pressure of the gas mixture of n 
constituents is the sum of the partial pressures of each constituent: 

(2-54) 

The total number of moles N of the gas is 

(2-55) 
i=l 

The ratfo of th~ number of Illoles of constituent i to the total number of 
moies in the mixture is called the mole fracti'on X;· By using the above 
equations, the .mole fraction of constituent i can be shown to equal the ratio of 
the partial pressure of con~tituent i to the pressure of the mixture: 

.N; P; 
X;= N=P (2-56) 

The Gibbs-Dalton law also states that the internal energy, enthalpy, and 
entropy of a mixture are equal, respectively, to the sum of the internal 
energies, the enthalpies, and the entropies of the constituents when each aione 
occupies the volume of the mixture at the mixture temperature. Thus we can 
write for a mixture of n constituents: 

n n 

Energy U= LU;= L m;u; (2-57) 
i=l i=l 

Enthalpy 
n , n 

H = L Hi = 2: m;h; (2~58) 
i=l i=l 

n n 

Entropy S = L S; = 2: m;s; (2-59) 
i=l i=l 

rhere m; is the mass of constit11Pni- ; 
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The specific heats of the mixture follow directly the definitions of cP and 
cv and the above equations. For a mixture of n constituents, the specific heats 
are 

n 

L m;Cp; 
i=l 

cp=--m-- and 

where m is the total mass of the mixture. 

Gas Tables 

n 

L m;Cv; 
i=l 

Cv=---
m 

(2-60) 

In the case of a perfect gas with nonconstant specific heats, the variation of the 
specific heat at constant pressure cP is normally modeled by several terms of a 
power series in temperature T. This expression is used in conjunction with the 
general equations presented above and the new equations that are developed 
below to generate a gas table for a particular gas (see Ref. 15). 

For convenience, we define 

<P - <Po 
P=exp--

r R 

. ( 1 ( dT) 
v,=exp -R J CvT 

To 

(2-61) 

(2-62) 

(2-63) 

(2-64) 

where P, and v, are called the reduced pressure and reduced volume, 
respectively. Using the definition of <jJ from Eq. (2-62) in Eq. (2-43) gives 

P2 
s2 - s1 = <P2 - <P1 - R In -

P1 

For an isentropic process between states 1 and 2, Eq. (2-65) reduces to 

P2 
</J2 - </J 1 = R In -

P1 

(2-65) 

-. ; 
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FIGURE 3-6 
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Entropy change in terms of the stagnation properties I; and Pr. 

COMPRESSIBLE FLOW Ul 

on modern high-speed airplanes, and these properties are used to determine 
speed and Mach number and to provide other data for many aircraft 
subsystems. 

Consider a gas flowing in a duct in which P and T may change due to heat 
interaction and friction effects. The flow total state points t1 and t2 and the 
static state points 1 and 2, each of which corresponds to flow stations 1 and 2, 
are located in the T-s diagram of Fig. 3-6. By definition, the entropy of the 
total state at any given point in a gas flow has the same value as the entropy of 
the static state properties at that point. Therefore, s,1 = s1 and stZ = s2 . 

From the entropy equation of state of a perfect gas, the entropy change 
between 1 and 2 is 

T2 P2 
s - s = c In - - R In -

2 1 PT] P1 

The entropy change between total state points t1 and t2 is 

(3-8) 

Since s,1 = s1 and sa = Sz, we have 

Therefore, the change of entropy between two states of a flowing gas can be 
determined by using total properties in place of static properties. 

Equation (3-8) indicates that in an adiabatic and no-shaft-work constant-
7; flow (such as exists in an airplane engine inlet or flow through a shock 
wave), we have 

Pa 
s2 - s 1 = -R In;;-
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By virtue of this equation and the entropy control volume equation for 
adiabatic flow, s2 - s1 ;::::: 0. Thus, in a constant-7; fiow, 

Hence the total pressure of air passing through an engine inlet or a shock wave 
cannot increase and must, in fact, decrease because of the irreversible effects of 
frieticin. 

TI Ti and PI Pt as Functions of Mach Number 

The speed of sound a in a perfect gas is given by 

a= YygcRT 

Using this relation for the speed of sound, we can write the Mach number In 
the following form: 

With the help of this expression for the Mach number, we can obtain mariy 
useful relatioris that give gas flow property ratios in terms of the flow Mach 
number alone. Two such relations for TI 7; and PI Pt are 

T ( . y-1 z)-1 
-= 1+--M 
7; 2 . 

-~ 1+--M2 p. ( . y-1 )-y/(y-1) 

P, 2 

(3-9) 

(3-10) 

Equations (3-9) and. (3-10) appear graphically in Fig. 3-7 a~d are 
tabulated in App. E for y values of 1.4 and 1.3. These equations show that for 
each free stream Mach number (hence, for each flight Mach number of an 
airplane), the ratios PIP, and T /1; have unique values. 

Both Fig. 3-7 and ·the corresponding equations provide Mach numbers 
and ambient temperatures fcir known values of P; P,, and 7;. For example, we 
are given the following in-flight measurements: 

P = 35.4 kPa T, = 300 K and Pt= 60.0kPa 

From these data, PI Pt= 0.59. If we enter Fig. 3-7 with this value of PI Pt, we 
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FIGURE 3-7 
TI Tr and P / P, versus Mach 
number ( 'Y = 1.4 ). 

find M = 0.9 and TIT,= 0.86. Then we obtain the ambient temperature by 
using T = (T /T,)T, = 0.86(300) = 258°R. 

Figure 3-7 shows that in a sonic (M = 1.0) stream of gas with y = 1.4, 

~=0.528 
P, 

and for supersonic flow, 

p 
-<0.528 
P, 

and 

and 

T T. = 0.833 
t 

T r,< 0.833 
t 

Consider the one-dimensional steady flow of a gas in a duct with T, and P, 
constant at all stations along the duct. This means a total temperature probe 
will measure the same value of T, at each duct station, and an isentropic total 
pressure probe will measure the same value of P, at each station. The path line 
of a of the flow is a vertical line in the T-s diagram. The state points on the 
path line can be categorized as follows: 

Subsonic T > 0.883T, p >0.528P, 

Sonic T= 0.833T, P= 0.528P, 

Supersonic T<0.833T, P<0.528P, 
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I 
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0 

F1GURE 4-7 
Ideal long nacelle. 

I 
I 
I -------1 
I 
I 

drag associated with the forebody (front half of nacelle) Dw and the drag 
associated with the afterbody (rear half of nacelle) Db. This is usually a 
reasonable approach because often lip separation dominates near the inlet and 
boat-tail drag near the exit. Assuming the division of nacelle drag to be 
meaningful, we can interpret the two drag terms by considering the nacelle to 
be very long and paraliel in the middle, as shown in Fig~ 4-7. 

In this case, perfect flow would give us P0 , etc., at the middle. Application 
of the momentum equation to a control volume from 0 to m containing all the 
fluid outside the engine's stream tube will give 

f (P - Po) dAy + r (P - P0 ) dAy = 0 

That is, in perfect flow, 
(4-13) 

Similarly, application of the momentum equation to a control. from m to oo 

containing all the fluid outside the engine's stream tube will give 

Db + r (P - P0 ) dAy = 0 

4-3 NOTE ON PROPULSIVE 
EFFICIENCY 

(4-14) 

The kinetic energy of the fluid flowing through an aircraft propulsion system is 
increased by an energy-transfer mechanism consisting of a series of processes 
constituting an engine cycle. From the point of view of an observer riding on 
the propulsion unit (see Fig. 4-8a ), the engine cycle output is the increase of 

• 
~c-------c=:>~===--"/Au' __ '--~_f_~ - Q 
F1GURE 4-Sa 
Velocity change by observer on aircraft. 

V9 -
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c-

FIGURE 4-Sb 
Velocity change by observer on ground. 

kinetic energy received by the air passing through the engine, which is 
(V~ - V6)/(2gc)· From this observer's point of view, the total power output of 
the engine is the kinetic energy increase imparted to the air per unit time. On 
the other hand, from the point of view of an observer on the ground (see Fig. 
4-8b ), one sees the aircraft propulsion system's thrust moving at a velocity Vo 
and observes the still air to receive an increase in kinetic energy, after passing 
through the engine, by an amount (V9 - V0)2/(2gc)· From this point of view, 
therefore, the total effect of the engine (and its output) is the sum of the 
propulsive power FV0 and the kinetic energy per unit time imparted to the air 
passing through the engine. The sole purpose of the engine is to produce a 
propulsive power, and this is called the useful power output of the propulsion 
system. The ratio of the useful power output to the total power output of the 
propulsion system is called the propulsive efficiency [see Eq. (1-14)]. 

4-4 GAS TURBINE ENGINE 
COMPONENTS 

The inlet, compressor, combustor, turbine, and nozzle are the main com­
ponents of the gas turbine engine. The purpose and operation of these 
components and two thrust augmentation techniques are discussed in this 
section. 

Inlets 

An inlet reduces the entering air velocity to a level suitable for the compressor. 
The air velocity is reduced by a compression process which increases the air 
pressure. The operation and design of the inlet are described in terms of the 
efficiency of the compression process, the external drag of the inlet, and the 
mass flow into the inlet. The design and operation of the inlet depend on 
whether the air entering the duct is subsonic or supersonic. As the aircraft 
approaches the speed of sound, the air tends to be compressed more, and at 
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FIGURE 4-9 
Subsonic inlet. 

Mach 1, shock waves occur. Shock waves are compression waves, and at higher 
Mach numbers, these compression waves are stronger. Compression by shock 
waves is inefficient. In subsonic flow, there are no shock waves, and the air 
compression takes place quite efficiently. In supersonic flow, there are shock 
waves present. Shock waves and the compressibility of air then influence the 
design of inlets. 

SUBSONIC INLET. The subsonic inlet can be a divergent duct, as shown in 
Fig. 4-9. This duct is satisfactory until the Mach number becomes greater than 
1, at which time a shock wave occurs at the mouth and the compression 
process becomes inefficient. The subsonic divergent duct operates best at one 
velocity (design point), and at other velocities, the compression process is less 
efficient and the external drag is greater. The airflow patterns for the subsonic 
inlet are shown in Fig. 4-10. 

SUPERSONIC INLET. Since shock waves will occur in supersonic flow, the 
geometry of supersonic inlets is designed to obtain the most efficient 
compression with a minimum of weight. If the velocity is reduced from a 
supersonic speed to a subsonic speed with one normal shock wave, the 
compression process is relatively inefficient. If several oblique shock waves are 
employed to reduce the velocity, the compression process is more efficient. 
Two typical supersonic inlets are the ramp (two-dimensional wedge) and the 

-- ..... ~-----
__ ,... 

----~ ___ ,...-----~ 

----~ 

(a) Low speed (b) Design (c) High speed 

FIGURE 4-10 
Subsonic inlet flow patterns. 
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Shocks 

'~~""~ 
FIGURE 4-11 
Supersonic inlets. 

Shocks 

centerbody (three-di.mensional spike), which are shown in Fig. 4-11. The shock 
w::tve positions in Fig. 4-11 are for the design condition of the inlet. At 
off-design Mach numbers, the positions of the shock waves change, thus 
aifecting the external drag and the efficiency of compression. A more efficient 
ramp or centerbody inlet can be designed by using more than two shock waves 
to compress the entering air. Also, if the geometry is designed to be variable, 
the inlet operates more efficiently over a range of Mach numbers. 

Compressors 

The funCtion of the compressor is to increase the pressure of the incoming air 
so that the combustion process and the power extraction process after 
combustion can be carried out more efficiently. By increasing the pressure of 
the air, the volume of the air is reduced, which means that the combustion of 
the fuel/ air mixture will occur in a smaller volume. 

CENTRIFUGAL COMPRESSOR. The compressor was the main stumbling 
bfock during the early years of turbojet engine development. Great Britain's 
Sir Frank Whittle solved the problem by using a centrifugal compressor. This 
type of compressor is still being used i.n many of the smaller gas turbin.e 
engines. A typical single-stage centrifugal compressor is shown in Fig. 4-12~ 
The compressor consists of three main parts: an impeller, a diffuser, and a 
compressor manifold. Air enters the compressor near the hub of the impeller 
and is then compressed by the rotational motion bf the impeller. The 
compression occurs by first increasing the velocity ofthe air (through rotation) 
and then diffusing the air where the velocity decreases and the pressure 
increases. The diffuser also straightens the flow, and the manifold serves as a 
collecfor to feed the aif into the combustor. The single-stage centrifugal 
compressor has a low efficiency and a maximum compression ratio of 4 : 1 or 
5 : 1. Multistage centrifugal compressors are somewhat better, but an axial 
compressor offers more advantages. 

AXIAL COMPRESSORS. An axial compressor is shown in Fig. 4-13. The air in 
an axial compressor flows in an axial direction through a series of rotating 

'·-"'/''" .. , I~: 
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FIGURE 4-U 
Single-stage centrifugal compressor. 

rotor blades and stationary stator vanes which are concentric with the axis of 
rotation. Each set of rotor blades and stator vanes is known as a stage. The 
flow path in an axial compressor decreases in the cross-sectional area in the 
direction of flow. The decrease of area is in proportion to the increased density 
of the air as the compression progresses from stage to stage. Figure 4-13 
contains a schematic of an axial compressor. Each stage of an axial compressor 
produces a small compression pressure ratio (1.1 : 1 to 1.2: 1) at a high 
efficiency. Therefore, for high pressure ratios (12: 1), multiple stages are used. 
Axial compressors are also more compact and have a smaller frontal area than 
a centrifugal compressor, which are added advantages. For the best axial 
compressor efficiency, the compressor operates at a constant axial velocity, as 
shown in Fig. 1-6. At high compression ratios, multistaging a single axial 
compressor does not produce as efficient an operation as a dual axial 
compressor would (see Fig. 1-4a ). For a single rotational speed, there is a limit 
in the balance operation between the first and last stages of the compressor. To 
obtain more flexibility and a more uniform loading of each compressor stage, 

FIGURE 4-13 
Multistage axial compressor. 
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Secondary air (cooling) 

Primary air 

Fuel 

FIGURE 4-14 
Straight-through flow combustor. 

a dual compressor with two different rotational speeds is generally used in 
high-compression-ratio axial compressors. 

Combustor or Main Burner 

The combustor is designed to burn a mixture of fuel and air and to deliver the 
resulting gases to the turbine at a uniform temperature. The gas temperature 
must not exceed the allowable structural temperature _of the turbine. A 
schematic of a combustor is shown in Fig. 4-14. Less than one-half of the total 
volume of air entering the burner mixes with the fuel and burns. The rest of 
the air-secondary air-is simply heated or may be thought of as cooling the 
products of combustion and cooling the burner surfaces. The ratio of total air 
to fuel varies among the different types of engines from 30 to 60 parts of air to 
1 part of fuel by weight. The average ratio in new engine designs is about 
40: 1, but only 15 parts are used for burning (since the combustion process 
demands that the number of parts of air to fuel must be within certain limits at 
a given pressure for combustion to occur). Combustion chambers may be of 
the can, the annular, or the can-annular type, as shown in Fig. 4-15. 

For an acceptable burner design, the pressure loss as the gases pass 
through the burner must be held to a minimum, the combustion efficiency must 
be high, and there must be no tendency for the burner to blow out (fiameout). 
Also, combustion must take place entirely within the burner. 

Turbines 

The turbine extracts kinetic energy from the expanding gases which flow from 
the combustion chamber. The kinetic energy is converted to shaft horsepower 
to drive the compressor and the accessories. Nearly three-fourths of all the 
energy available from the products of combustion is required to drive the 
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(a) Can 

Casing Typical annular-type combustion chamber 

(b) Annular 
' ' t 1 Linear 
'.. ,/ 

Fuel inlet 

(c) Can annular 
Typical can-annular-type combustion chamber 

FIGURE 4-15 
Cross sections of combustion chambers. 

compressor. The axial-flow turbine consists of a turbine wheel rotor and a set 
of stationary vanes stator, as shown in Fig. 4-16. The set of stationary vanes of 
the turbine is a plane of vanes (concentric with the axis of the turbine) that are 
set at an angle to form a series of small nozzles which discharge the gases onto 

FIGURE 4-16 
Axial-flow turbine components. 
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Stator Rotor 

(a) Impulse (b) Reaction 

FIGURE 04-17 
Impulse and reaction stages. 

the blades of the turbine wheel. The discharge of the gases onto the rotor 
allows the kinetic energy of the gases to be transformed to mechanical shaft 
energy. 

Like the axial compressor, the axial turbine is usually multistaged. There 
are generally fewer turbine stages than compressor stages since in the turbine 
the pressure is decreasing (expansion process) whereas, in the compressor the 
pressure is increasing (compression process). In each of the processes 
(expansion or compression), the blades of the axial turbine or axial compressor 
act as airfoils, and the airflow over the airfoil is more favorable in the 
expansion process. 

IMPULSE TURBINE. The impulse . turbine and the reaction turbine are the 
two basic types of axial turbines, as shown in Fig. 4-17. In the impulse type, the 
relative discharge velocity of the rotor is the same as the relative inlet velocity 
since there is no net change in pressure between the rotor inlet and rotor exit. 
The stator nozzles of the impulse turbine are shaped to form passages which 
increase the velocity and reduce the pressure of the escaping gases. 

REACTION TURBINE. In the reaction turbine, the relative discharge velocity 
of the rotor increases and the pressure decreases in the passages between rotor 
blades. The stator nozzle passages of the reaction turbine merely alter the 
direction of the flow. . 

Most turbines in jet engines are a combination of impulse and reaction 
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turbines. In the design of turbines, the following items must be considered: (1) 
shaft rotational speed, (2) gas flow rate, (3) inlet arid outlet temperatures, ( 4) 
inlet and outlet pressures, (5) exhaust velocity; and (6) required power output. 
If the jet engine is equipped with a dual compressor, the turbine must also be 
dual or split. 

Exhaust Nozzle 

The purpose of the exhaust nozzle is to increase the veiocity of the exhaust gas 
before discharge from. the nozzle and to collect and straighten gas flow from 
the turbine. In operating, the gas turbine engine converts the iriterna:l energy of 
the fuel to kinetic energy in the exhaust gas stn::am. The net thi-ust (or force) of 
the engine is the result of this operation, and it can be calculated by applying 
Newton'.s second law of motion (see Chap. 2).. For large values of specific 
thrust; the kinetic energy of the exhaust ga:s must be high, which implies a high 
exhaust velocity. The nozzle supplies a high exit velodty by expanding the 
exhaust gas in an expansion process which requires a decrease in pressure. The 
pressure ratio across the nozzle controls the expansion process, and the 
maximum thrust for a given engine is obtained wheri the exit pressure equals 
the ambient pressure; Nozzles and. their operation are discussed further in 
Chaps. 3 and 10. The two basic types of nozzles used in jet engines are the 
convergent arid convergent-divergent nozzles. 

CONVERGENT NOZZLE. The convergent nozzle is a simple convergent duct, 
as shown in Fig: 4-18. When the nozzle pressure ratio (turbine exit pressure to 
nozzle exit pressure) is low (less than about 2), the convergent nozzle is used. 
The convergent nozzle has generally been used in low thrust engines for 
subsonic aircraft. · 

. . . . 

. CONVERGENT-DIVERGENT NOZZLE. The convergent-drvergent nozzle can 
be a convergent duct followed by a divergent duct. Where the cross-sectional 

D 
FIGURE 4-lS 
Convergent exhaust nozzle. 
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Flame holder 

FIGURE 4-19 
Convergent-divergent ejector exhaust nozzle. 

area of the duct is a minimum, the nozzle is said to have a throat at that 
position. Most convergent-divergent nozzles used in supersonic aircraft are not 
simple ducts, but incorporate variable geometry and other aerodynamic 
features, as shown in Fig. 4-19. Only the throat area and exit area of the nozzle 
in Fig. 4-19 are set mechanically, the nozzle walls being determined aerodyna­
mically by the gas flow. The convergent-divergent nozzle is used if the nozzle 
pressure ratio is high. High-specific-thrust engines in supersonic aircraft 
generally have some form of convergent-divergent nozzle. If the engine 
incorporates an afterburner, the nozzle throat and exit area must be varied to 
match the different flow conditions and to produce the maximum available 
thrust. 

Thrust Augmentation 

Thrust augmentation can be accomplished by either water injection or 
after burning. 

WATER INJECTION. Thrust augmentation by water injection (or by 
water/alcohol mixture) is achieved by injecting water into either the compres­
sor or the combustion chamber. When water is injected into the inlet of the 
compressor, the mass flow rate increases and a higher combustion chamber 
pressure results if the turbine can handle the increased mass flow rate. The 
higher pressure and the increase in mass flow combine to increase the thrust. 
Injection of water into the combustion chamber produces the same effect, but 
to a lesser degree and with greater consumption of water. Water injection on a 
hot day can increase the takeoff thrust by as much as 50 percent because the 
original mass of air entering the jet engine is less for a hot day. The amount of 
air entering any turbomachine is determined by its volumetric constraints; 

·.~ 
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therefore, it follows that the mass flow on a hot day will be less since the air is 
less dense on a hot day. 

AFfERBURNING. Another method of thrust augmentation is by burning 
additional fuel in the afterburner. The afterburner is a section of duct between 
the turbine and exhaust nozzle. The schematic diagram in Fig. 4-19 shows the 
afterburner section. The afterburner consists of the duct section, fuel injectors, 
and flame holders. It is possible to have afterburning because, in the main 
burner section, the combustion products are air-rich. The effect of the 
afterburning operation is to raise the temperature of the exhaust gases which, 
when exhausted through the nozzle, will reach a higher exit velocity. The 
pressure/temperature velocity profile for afterburning is also shown in Fig. 1-6. 
The J79 for afterburner operation has a thrust of 17 ,900 !bf and a thrust 
speCific fuel consumption (TSFC) of 1.965 [(lbm/hr)/lbf]/hr, and for military 
operation (no afterburning) it has a thrust of 11,870 !bf and a TSFC of 
0.84 [(lbm/hr)/lbf]/hr. We then see that afterburning produces large thrust 
gains at the expense of fuel economy. 

4-5 BRAYTON CYCLE 

The Brayton power cycle is a model used in thermodynamics for an ideal gas 
turbine power cycle. It is composed of the four following processes, which are 
also shown in Fig. 4-20(a): 

1. Isentropic compression (2 to 3) 

2. Constant-pressure heat addition (3 to 4) 

T 

F1GURE 4-20 
Brayton cycle. 

(a) 
s 

(b) 

t 
li!fah'liil&itMmrn 
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3. Isentropic expansion ( 4 to 9) 
4. Constant-pressure heat rejection (9 to 2) 

The basic components of the Brayton cycle are shown to the right in Fig. 
4-20(b ). In the ideal cycle, the processes through both the compressor and the 
turbine are considered to be reversible and adiabatic (isentropic). The 
processes through the heater and cooler an~ considered to be constant-pressure 
in the ideal cycle. . · . 

. For a calorically p~rfect gas, thermodynamic analysis of the ideal Brayton 
cycle gives the following equations for the rate of energy transfer of each 
component: 

vVc = mcp(13 - Tz) Qin= mcp(T4 - T3) 

W, = mcp(T4 - Tc;) Qout = mcp(Tg - Ti) 

Net Wout = W,-Wc = mcp[T4 - Tc;- (73 - Ti)] 

Now, the thermal efficiency of the cycle is Y/T =net W0u1/Qin· Noting that 
(P3/ P2)<-r-l)i-r = T3/T2 = T4/T9 , we see that the thermal efficiency for the ideal 
Brayton cycle can be shown to be given by · 

( 
1 )(-y-1)/-y 

Y/T = 1- . PR (4-15) 

where PR is the pressure ratio P3 / P2 . The thermal efficiency is plotted in Fig. 
4-21 as a function of the compressor pressure ratio for two ratios of specific 
heats. · · · 

For an ideal Brayton cycle with fixed compressor inlet temperature T2 

&nd heater exit temperature T4 , simple· calculus yields an expression for the 
pressure' ratio P3 / P2 'and associated temperature rati() 73/T2 giving the 
maximum net work output per unit mass. This optimum compressor pressure, 
or temperature ratio, corresponds 'to the maximum area within the cycle on a 
T-s diagram, as shown in Fig. 4-22. One can show that the optimum 
compressor temperature ratio is given by . . 

(73) ~ 
T2 max work = V. 7; 

and the corresponding net work output per unit mass is given by 

NetmWout cp r
2

( ~ _ l r . 
which is plotted in Fig. 4-23 versus Ti for air with Tz = 288 K. 

(4-16) 

( 4-17) 

Three variations in the basic Brayton cycle are shown in Figs. 4-24 
through 4-26. Figure 4-24 shows the cycle with a high-pressure (HP) turbine 
driving the compressor and a freecpower turbine providing the output power. 
.This· cycle has the same thermal efficiency as the ideal Brayton cycle of Fig. 
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The total or stagnation pressure Pi is defined as the pressure reached when a 
steady flowing stream. is brought to rest adiabatically and reversibly (i.e,, 
isentropically). Since PJP = (TJT)<"1.:..

1lh', then 

( 
'Y - 1 )y/(y~l) 

P. =P 1 +--M2 
I . 2 . . (5-2) 

Ratios of total temperatures and pressures will be used extensively in this 
text, and a special notation is adopted for them. We denote a ratio of total 
pressures across a component by n, with a subscript indicating the component: 
d for diffuser (inlet), c for compressor, b for burner, t for turbine, n for nozzle, 
<ln4 f for fan: 

total pressure leaving component a 
n = 

a total pressure entering component a 

Similarly, .the ratio of total temperatures is denoted by r, and 

Exceptions 

total tempt:rature leaving component a · 
r = 

a total temperature entering component a 

(5-3) 

(5-4) 

1. We define the total/static temperature and pressure ratios of the free stream 
. (rr and 1T:r) by . 

(5-5) 
T,o. '\/-1 2 r =-=1+-'-M 

r Ta 2 0 

P,o ( 'Y - 1 )yt(y-1) 
1T:r = Po = 1 + -· -2- M~ (5-6) 

Thus the total temperature and pressure of the free stream can be written as 

l':_ 

.... ,-.;~i 
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13 16 Combustor 
18 

Turbine 171 19 
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Free 
stream 

0 2 

FIGURE 5·1 

2.5 3 

Station numbering for gas turbine engines. 

nozzle 

6 

4 4.5 .5 

Primary 
nozzle 

7 8 9 

2. Also, rA is defined as the ratio of the burner exit enthalpy cP T, to the 
, ambient enthalpy cP T0 : 

h, burner exit ( cp T,)burner exit 
'fA = = 

h0 (cpT)0 

(5-7) 

Figure 5-1 shows the cross section and station numbering of a turbofan 
engine with both afterburning and duct burning. This station numbering is in 
accordance with Aerospace Recommended Practice (ARP) 755A (Ref. 27). 
Note that the station numbers 13 through 19 are used for the bypass stream 
and decimal numbers such as station number 4.5 are used to indicate an 
intermediate station. 

Table 5-1 contains most of the short-form notation temperature ratios 
(r's) and pressure ratios (n's) that we will use in our analysis. (Note that the 
r/s are expressed for calorically perfect gases.) These ratios are shown in 
terms of the standard station numbering (Ref. 26). 

5-3 DESIGN INPUTS 

The total temperature ratios, total pressure ratios, etc., can be classified into 
one of four categories: 

1. Flight conditions 

2. Design limits ( Cp T,)burner exit 
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TABLE 5-1 
Temperature and pressure relationships for all r and n 

Core stream 

y-1 2 
T, = 1 +-

2
-M0 

Free stream 

( 
r - 1 2)y/(y-1) 

n,= 1+-
2
-Mo 

Bypass stream 

TA= 
ce,T,4 CpAB T,7 

TAAB = T, 
_ CpDB T,17 

TADB - C T, 
pc 0 cpcTo cpc 0 

T,2 P.2 Td=- nd=-
T,o P,o 

f,3 P,3 
Tc= T,2 nc=p 

r.2 

f,4 P,4 
Tb=- nb=-

T,3 P,3 

T,s P,s 
T,=y: n, = P,4 t4 

T,7 Po 
TAB=- lrAB=-

T,s P,s 

f,9 P,9 
Tn =y: nn =Po 

t7 

3. Component performance 
4. Design choices 

nd, nb, nm etc. 
no n1, etc. 

5-4 STEPS OF ENGINE PARAMETRIC 
CYCLE ANALYSIS 

The steps of engine parametric cycle analysis listed below are based on a jet 
engine with a single inlet and single exhaust. Thus these steps will use only the 
station numbers for the core engine flow (from 0 to 9) shown in Fig. 5-1. We 
will use these steps in this chapter and Chap. 7. When more than one exhaust 
stream is present (e.g., high-bypass-ratio turbofan engine), the steps will be 
modified. 

Parametric cycle analysis desires to determine how the engine perfor­
mance (specific thrust and fuel consumption) varies with changes in the flight 
conditions (e.g., Mach number), design limits (e.g., main burner exit tempera­
ture), component performance (e.g., turbine efficiency), and design choices 
(e.g., compressor pressure ratio). 

1. Starting with an equation for uninstalled engine thrust, we rewrite this 
equation in terms of the total pressure and total temperature ratios: the 
ambient pressure P0 , temperature Ta, and speed of sound a0 , and the flight 
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Mach number M 0 as follows: 

2. Next express the velocity ratio(s) V9/a 0 in terms of Mach numbers, 
. temperatures, and gas properties of states 0 and 9: 

( 
V9) 2 _ a~M~ _ y9R9gc Tg 2 

- - M9 
ao a6 YoRogc To 

3. Find the exit Mach number M9• Since 

then 

where 

( 
y - 1 )y/(y-l) 

P,9 = P9 1 + -
2
- M~ 

2 [(P. )(y-l)ly ] M~ = -- _.!2 - 1 
y-1 P9 

I'c9 = Po Pro I'c2 P,3 I'c4 P,s I'c1 P,9 
P9 P9 Po Pro Pt2 Pr3 Pr4 Pis Pr1 

Po 
= - 1'Cr1'Cd1'Cc1'Cb1'Cc1'CAB1'Cn 

?9 

4. Find the temperature ratio T9 /To: 

Tg = Tc9/To = Tc9/To 
To Tc9/T9 (P,9/ P9)Y- 1l1Y 

where 

5. Apply the first law of thermodynamics to the burner (combustor), and find 
an expression for the fuel/ air ratio fin terms of r's, etc: 

m0 cPTc3 + m1hPR = m0 cµTc4 

6. When applicable, find an expression for the total temperature ratio across 
the turbine r, by relating the turbine power output to the compressor, fan, 
and/ or propeller power requirements .. This allows us to find r, in terms of 
other variables. 

7. Evaluate the specific thrust, using the above results. 
8. Evaluate the thrust specific fuel consumption S, using the results for specific 

thrust and fuel/ air ratio: 
. f 
S=-­

F/m0 

9. Develop expressions for the thermal and propulsive efficiencies. 

(5-8) 
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FIGURE 5-18c 
Concorde supersonic transport. (Courtesy of Rolls-Royce.) 

FIGURE 5-19 
General Electric GE4 turbojet engine (developed for Boeing SST). (Courtesy of General Electric.) 
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FIGURE 5-20 
Station numbering of a turbofan engine. 
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Combustor Turbine 
Core 

5 9 

FIGURE 5-21 
The i ~s diagram for core stream of 
ideal turbofan engine. 

FIGURE 5-22 
The i ~s diagram for fan stream of 

s ideal turbofan engine. 
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is mp The ratio of the fan flow to the core flow is defined as the bypass ratio 
and given the symbol alpha a. Thus 

mF 
Bypass ratio a = -.­

me 
(5-46) 

the total gas flow is me+ mF, or (1 +a )me. We will also use m0 for the total 
gas flow. Thus 

I rho= me+ mF = (1 + a)me I (5-47) 

In the analysis of the ideal turbofan engine, we will assume that the mass 
flow rate of fuel is much less than the mass flow rate of gas through the engine 
core. We will also assume that both the engine core nozzle and the fan nozzle 
are designed so that P0 = P9 = P19. 

Cycle Analysis 

Application of the steps of cycle analysis to the ideal turbofan engine of Figs. 
5-20 and 5-21 is presented below in the order listed in Sec. 5-4. 

Step 1. The thrust of the ideal turbofan engine is 

Thus (5-48) 

Steps 2 through 4. First, the core stream of the turbofan encounters the same 
engine components as the ideal turbojet, and we can use its results. We have, 
from the analysis of the ideal turbojet, 

and 

(5-49) 
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Second, compared to the core stream, the fan stream of the turbofan 
contains a fan rather than a compressor and does not have either a combustor 
or a turbine. Thus the above equations for the core stream of the ideal 
turbofan can be adapted for the fan stream as follows: 

and 
2 2 M 19 = -- ( r, rt - 1) 

'Y -1 

( Vi9)
2 

2 2 - =M 19 =--(r,rt-1) 
a0 y - 1 

(5-50) 

Step 5. Application of the steady flow energy equation to the burner gives 

We define the fuel/ air ratio fin terms of the mass flow rate of air through the 
burner me, and we obtain 

mt c To 
f =-=-P-(r - r r) . h A r c 

me PR 

Step 6. The power out of the turbine is 

~=(me+ mt)cµ(T,4 - T,s) = mecpT,4(1- r,) 

The power required to drive the compressor is 

WC= rhecp(T,3 - T,2) = mecp T,z( re - 1) 

The power required to drive the fan is 

wt= mpcp(T,13 - T,2) = mpcpT,zCrt -1) 

Since ~ = WC + wt for the ideal turbofan, then 

(5-51) 

(5-52) 
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Step 7. Combining Eqs. (5-49) ahd (5-52), we get 

which can be simplified to 

(5-53) 

Thus the specific thrust of the ideal turbojet is given by Eqs. (5-48), (5~50), and 
(5-53). 

Step 8 s = rh1 = -. _f _ = f 
F F /me (rizof rhc)(F /rho) 

S= . f 
(1+ a)(F/riz0 ) 

(5-54) 

Step 9. The thermal efficiency of an ideal turbofan erigine is the sanie as that of 
an ideal turbojet engine. That is, 

1 
YJr = 1- -. -

'fr 're 
(5-22) 

This may seem surprising since the net power out of a turbojet is riz0(V~ -
V6)/(2gc), while for a turbofan it is rhc(V~ - V6)/(2gc) + rhp(Vi 9 - V6)/(2gc)· 
The reason that the thermal efficiency is the same is that power extracted from 
the core stream of the turbofan engine is added to the bypass stream without 
loss in the ideal case. Thus the net power out remains the same. 

One can easily show that the propulsive efficiency of the ideal turbofan 
engine is given by 

V9/V0 .,.- 1 + a(Vi9/V0 '- 1) 
YJ? = 2 V~/V6- 1+a(Vi9/V6-1) 

(5-55) 

A useful performance parameter for the turbofan engine is the ratio of 
the specific thrust per unit mass flow of the core stream to that of. the fan 
stream. We give this thrust ratio the symbol FR. and define 

(5~56) 
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For the ideal turbofan engine, the thrust ratio FR can be expressed as 

FR= Vi/ao - Mo (5-57) 
Vi9/ao - Mo 

We will discover in the analysis of optimum turbofan engines that we will want 
a certain thrust ratio for minimum thrust specific fuel consumption. 

Summary of Equations-Ideal Turbofan 

( 
kJ Btu ) (kJ Btu) 

INPUTS: M0, To(K, 
0

R), y, cP kg. K' lbm. oR , hPR kg' lbm , 

7;4(K, 0 R), rcCJ rc1, a 

F ( N lbf ) (mg/sec lbm/hr) 
OUTPUTS: rho kg/sec'lbm/sec ,f, S -N-, llif , TJT, TJp, TJo, FR 

EQUATIONS: 
y-1 

R=--c y p 

ao = YyRgeTo 

r = 1 + y- l M2 
r 

2 
0 

7;4 
'f;.=-

To 
re= (rce/y-1)/y 

rt = (rc1 )(,,-1)1-y. 

Vg = /-
2
-{r,\ ~ rr[re -1 + a(r1 -1)] -~} 

ao \) y - 1 rr re 

Vi9
= /-

2
-(rrr -1) 

a0 \) y -1 / 

~ = ao _l _ [ V9 _ Mo + a ( Vi9 _ Mo)] 
m 0 ge 1 +a a0 a0 

cpTo 
f =-h (r;. - rrre) 

PR 

S= f 
(1 + a)(F/rh0 ) 

1 
TJT= l--

'fr'fc 

V9/ao - Mo+ a(Vi9/ao - Mo) 
TJp = 2Mo vz; 2 2 (V2 I 2 Mz) 

9 ao - Mo+ a 19 ao - o 

TJo = TJTTJP 

FR= Vg/ao - Mo 
Vi9/ao - Mo 

(5-58a) 

(5-58b) 

(5-58c) 

(5-58d) 

(5-58e) 

(5-58!) 

(5-58g) 

(5-58h) 

(5-58i) 

(5-58j) 

(5-58k) 

(5-58/) 

(5-58m) 

(5-58n) 

(5-580) 
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Example 5-4. The turbofan engine has three design variables: 

• Compressor pressure ratio nc 
• Fan pressure ratio nf 

Bypass ratio a 

Since this engine has two more design variables than the turbojet, this section 
contains many more plots of engine performance than were required for the 
turbojet. First, we will look at the variation of each of the three design variables 
for an engine that will operate at a flight Mach number of 0.9. Then we will look 
at the variation of design performance with flight Mach number. In all the 
calculations for this section, the following values are held constant: 

T0 = 216.7 K y = 1.4 cP = l.004kJ/(kg · K) hPR = 42,SOOkJ/kg 'I'i4 =1670 K 

Figures 5-23a through 5-23e. Specific thrust and thrust specific fuel consump­
tion are plotted versus the compressor pressure ratio for different values of the 
bypass ratio in Figs. 5-23a and 5-23b. The fan pressure ratio is held constant in 
these plots. Figure 5-23a shows that specific thrust remains essentially constant 
with respect to the compressor pressure ratio for values of nc from 15 to 25, and 
that specific thrust decreases with increasing bypass ratio. Figure 5-23b shows that 
thrust specific fuel consumption decreases with increasing compressor pressure 
ratio nc and increasing bypass ratio a. 

Figure 5-23c shows that the fuel/air ratio decreases with compressor 
pressure ratio, the thermal efficiency increases with compressor pressure ratio, 
and both are independent of the engine bypass ratio. From Fig. 5-23d, we can see 
that the propulsive efficiency increases with engine bypass ratio and varies very 
little with compressor pressure ratio. The overall efficiency, shown also in Fig. 
5-23d, increases with both compressor pressure ratio and bypass ratio. 

The thrust ratio is plotted versus compressor pressure ratio and bypass ratio 
in Fig. 5-23e. As can be seen, the thrust ratio decreases with increasing bypass 
ratio and varies very little with compressor pressure ratio. 

Figures 5-24a through 5-24e. Specific thrust and thrust specific fuel consump­
tion are plotted versus the compressor pressure ratio nc for different values of the 
fan pressure ratio ref. The bypass ratio a is held constant in these plots. Figure 
5-24a shows that the specific thrust remains essentially constant with respect to 
the compressor pressure ratio for values of rec from 15 to 25, and that the specific 
thrust has a maximum with respect to the fan pressure ratio n1 . Figure 5-24b 
shows that thrust specific fuel consumption decreases with increasing compressor 
pressure ratio nc and that S has a minimum with respect to fan pressure ratio nf. 
We will look at this optimum fan pressure ratio in more detail in another section 
of this chapter. 

Propulsive and overall efficiencies are plotted versus compressor pressure 
ratio and fan pressure ratio in Figs. 5-24c and 5-24d. Figure 5-24c shows that 
propulsive efficiency increases with fan pressure ratio until a value of nf = 3.5 and 
then decreases. There is a fan pressure ratio giving maximum propulsive 
efficiency. Propulsive efficiency is essentially constant for values of the compressor 
pressure ratio above 15. Also from Fig. 5-24d, we can see that overall efficiency 
increases with compressor pressure ratio and increases with fan pressure ratio 
until a value.of ref= 3.5 and then decreases. There is a fan pressure ratio giving 
maximum overall efficiency. 

GE-1014.074



u 

" 

700 

600 

500 

~· 

~ 400 
z 
'"""5 
·E 
1;:; 

300 

200 

28 

26 

24 

'U' 22 
1;l 

z 
~ 20 
E 

"' 18 

16 

!4 

!2 
0 5 IO 

!5 

7rc 

15 

1rc 

PARAMETRIC CYCLE ANALYSIS OF IDEAL ENGINES 285 

a=0.5 

1.0 

1.5 

2.0 

3.0 

4.0 

5.0 

a=8 

!2 

20 

20 25 30 

FIGURE 5-23a 
Ideal turbofan performance 
versus rrc, for rr1 = 2 and M0 = 
0. 9: specific thrust. 

FIGURE 5-23b 
Ideal turbofan performance 
versus 1fc, for rr1 = 2 and M0 = 
0.9: thrust specific fuel 
consumption. 
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Summary of Equations-Optimum-Bypass-Ratio 
Ideal Turbofan· 

INPUTS: ( 
kJ Btu ) (kJ Btu) 

Mo, To(K, oR), y, cP kg . K' lbm . oR 'hPR kg' lbm ' 

7;4(K, ?R), nc, n1 

OUTPUTS: F ( N lbf ) (mg/sec lbm/hr) · 
rho kg/sec'lbm/sec ,f, S -N-'lbf 'TJy, TJp, TJo, a* 

EQUATIONS: Equati011s (5-58a) through (5-58h) plus 

1 [ . TA 
ex*= . TA-Tr(Tc-1)--

Tr(Tt~l) · TrTc 

- ~ (Y TrTf - 1 + Y Tr - 1 )2
] (5-63a) 

F a0 1 + 2a * [ ~ 2 ] -- · · -- TT -1 -M 
rho - gc 2(1 +a*) , 'Y -1 ( r f ) 0 (5-63b) 

T}p = 
4(1+2a*)M0 

(3 +4a*)M0 + (1+4a*)(Vi9/ao) 
(5-63c) 

and Eqs. (5-58j), (5-58k), (5-58/), (5-58n) 

Example 5-5. The engine we looked at in Sec. 5-9 is used again in this section for 
an example. The following values are held constant for all plots: · 

T0 = 216.7 K y = 1.4 cP = 1.004 kJ/(kg · K) 
hPR = 42,800 kJ/kg T,4 =1670 K 

12 

11 

10 

9 

a* 

8 

7 

6 
FIGURE 5·29a 

0 5 10 15 20 25 30 a* versus '!Cc~ for '!Ct= 2 aµd 
Jl(; M0 =0.9. 
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The optimum bypass ratio is plotted in Fig. 5-29a versus the compressor 
pressure ratio for a flight Mach number of 0.9 and fan pressure ratio of 2. From 
this plot, we can see that the optimum bypass ratio increases with the compressor 
pressure ratio. The optimum bypass ratio is plotted in Fig. 5-29b versus the fan 

I 
pressure ratio, and this figure shows that optimum bypass ratio decreases with fan 
pressure ratio. · 

The optimum bypass ratio versus the flight Mach number is plotted in Fig. 
5-29c for fan pressure ratios of 2 and 3. From the~e plots, we can see that the 
optimum bypass ratio decreases with the flight Mach number. Note that the 
optimum engine is a turbojet at a Mach number of about 3.0 for a fan pressure 
ratio of 3. 

The plots of specific thrust and thrust specific:fuel consumption for an ideal 
turbofan engine with optimum bypass ratio versus ~ompressor pressure ratio are 
superimposed on Figs. 5-23a through 5-23e by a dashed line marked a*. The 
optimum-bypass-ratio ideal turbofan has the minimum thrust specific fuel 
consumption. 

The plots of specific thrust and thrust specific fuel consumption for the 
optimum-bypass-ratio ideal turbofan versus fan pressure ratio are superimposed 
on Figs. 5-25a through 5-25d by a dashed line marked a*. As shown in these 
figures, the plot for a* is the locus of the minimum value of S for each n:1. 

The plots of specific thrust and thrust specific fuel consumption for the 
optimum-bypass-ratio ideal turbofan versus flight Mach number are superimposed 
on Figs. 5-27a through 5-27e for a fan pressure ratio of 2 and on Figs. 5-28a 
through 5-2.Se for a fan pressure ratio of 3. As shown in these figures, the plots for 
a* are the locus of the minimum value of S for fixed values of n:c and n:1. 

The thermal efficiency of an optimum-bypass-ratio ideal turbofan is the 
same as that of an ideal turbojet. The bypass ratio of an ideal turbofan affects 
only the propulsive efficiency. The propulsive efficiency of an optimum-bypass­
ratio ideal turbofan is superimposed on those of Figs. 5-23d, 5-25c, 5-27c, and 
5-28c. As can be seen, the optimum bypass ratio gives the maximum propulsive 
efficiency. Likewise, as shown in Figs. 5-23d, 5-25c, 5-27d, and 5-28d, the 
optimum bypass ratio gives the maximum overall efficiency. The thrust ratio of an 
optimum-bypass-ratio ideal turbofan is superimposed on those of Figs. 5-23e, 
5-25d, 5-27e, and 5-28e and is equal to 0.5. 

5-11 IDEAL TURBOFAN WITH 
OPTIMUM FAN PRESSURE RATIO 
Figures 5-25a and 5-25b show that for given flight c0nditions 1Q and M0 , design 
limit rA, compressor pressure ratio n0 and bypass ratio a, there is an optimum 
fan pressure ratio n1 which gives the minimum sp~cific fuel consumption and 
maximum specific thrust. As will be shown, the optimum fan pressure ratio 
corresponds to the exit velocity V19 of the fan stream, being equal to the exit 
velocity of the core stream V9• It is left, as a reader exercise, to show that equal 
exit velocities (V9 = Vi9) correspond to maximum propulsive efficiency. 

' ! 

Optimum Fan Pressure Ratio n/ 
For a given set of prescribed variables ( 'I'n n0 rA, iv0 , a), we may locate the 
optimum fan pressure ratio by taking the partia~ derivative of the specific 

I 
i 
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306 GAS TURBINE 

thrust with respect to the fan total temperature ratio. The derivation of an 
expr(;!ssion for the optimum fan total temperature ratio and, by Eq. (5-58/), 
the optimum fan pressure ratio follows. From Eq. (5-54), we have 

Thus is satisfied by 

where gc ( F ) Vg . ( Vi,9 ) -(l+a) -. =--l+a --1 
V0 . m 0 . V0 . V0 

Hence the optimum fan pressure ratio is given by solution of 

Since a (V9 ) 1 a [(v9
)

2

] 

ar1 V0 = 2V9/Vo ar1 Vo 

ancl 

Eq. (i) becomes 

Thus 

1 a [(V9 )

2

] 1 a [(Yi9
)

2

] . 
2V9/Vo d'rt V0 + a 2Vi,9/V0 ar1 V0 = O 

To determine the first term of Eq. (ii), we start with 

( V
9 )

2 
1 ( V9 )

2 
1 ( V9 )

2 

Vo = M6 a0 = [(r - l)/2](r, -1) ao 

= rA - r,[rc -1 + a(r1 -1)] - rA/(r,rc) 
r, -.1 

To determine the second term of Eq. (ii), we start with 

Thus 

(i) 

(ii) 

(iii) 

(iv) 

(vi) 
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Substitution of Eqs. (iv) and (vi) into Eq. (ii) gives 

(vii) 

Thus we can conclude from Eq. (vii) that the optimum fan pressure ratio 
corresponds to that value of r1 yielding 

V9 = Vi9 (5-64) 

Also FR=l (5-65) 

To solve for the optimum fan temperature ratio, we equate Eqs. (iii) 
and (v): 

giving 

'r>. - r,[ 're - 1 +a( 'rt - 1)] - 'r>.f ( 'r, 're) 
r, - 1 

= ( Vi9)2 
= r, r1 - 1 

V0 r, -1 

'r>.'r,('re -1)- r>./(r,re) + ar, + 1 
r,(1 +a) 

(5-66) 

An equation for the specific thrust of an optimum-fan-pressure-ratio turbofan 
can be obtained by starting with the simplified expression 

which becomes 

(5-67) (!;-) = ao [ ~~(r,r/ -1)- Mo] 
mo ,,-• ge 'Y 1 

f 

The propulsive efficiency for the optimum-fan-pressure-ratio turbofan engine is 
simply 

(5-68) 

----------------~-----~~~-~·-· -·-------··-- -----------------------·- ···-· 
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Summary of Equations-Optimum-Fan­
Pressure-Ratio Ideal Turbofan 

INPUTS: 

OUTPUTS: 

EQUATIONS: 

( 
kJ Btu ) (kJ Btu) 

Mo, To(K, oR), y, cP kg . K' lbm . oR 'hPR kg' lbm ' 

J;4(K, 0 R), nc; a 

F ( N lbf ) (mg/sec lbm/hr) 
m0 kg/sec'lbm/sec ,f, S N 'lbf 'YJT, TJp, YJo, n/ 

Equations (5-58a) through (5-58e ), (5-58j), (5-58/), plus 

TA - Tr( Tc -1)- 'rA/('rr'rc) + lf'rr + 1 
r*---'-'-~-'--'-~--''--~~~'--~~~ 

f - rr(l +a) 

n/ = ( r/)Y1<-r-1l 

V19 = , /.-_ -_2-=-__(_r_r r-*---1-) 

a0 'J y -1 / 

~ = ao ( Vi9 _ Mo) 
mo gc ao 

2M0 
TJp = 

Vi9/ao +Mo 
and Eqs. (5-58k) and (5-58n) 

(5-69a) 

(5-69b) 

(5-69c) 

(5-69d) 

(5-69e) 

Effect of Bypass Ratio on Specific Thrust 
and Fuel Consumption 

Data for several turbofan engines are listed in Table 5-2. The bypass ratio 
ranges from 0.76 for the engine in the smaller A-7D fighter attack airplane to 5 
for engines in the commercial transports, to 8 for the C-5A/B heavy logistics 
military transport engine. The specific thrust and specific fuel consumption for 
the fighter are about twice their values for the three transport-type airplanes. 
Let us look at the interrelationship between the bypass ratio, spe'cific thrust, 

TABLE 5-2 

F/m0 s 
Bypass ratio {[N /(kg/ sec) {[ (mg/sec)/N] 

Engine a [Ibf/ (lbm/sec)]} [ (lbm/hr) /lbf]} 1rt 1rc Aircraft 

TF-39 8.0 251.8 8.87 1.45 22,0 C5A/B 
(25.68) (0.313) 

JT9D 5.1 253.4 9.80 1.54 22.3 Boeing 747 
(25.84) (0.346) 

CF6 4.32 255.6 9.86 1.71 30.2 DC-10 
(26.06) (0.348) 

TF-41 0.76 498.0 17.8 2.45 21.0 A-7D 
(50.78) (0.629) 

i 
I 

·:_;,J 
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FIGURE 5-30 
Performance at n/ versus a, for nc = 24 and M0 = 0.8. 

and specific fuel consumption to help explain the trends in the values of these 
quantities, as exhibited by the table. 

We can examine how these quantities interact for the ideal turbofan with 
optimum fan pressure ratio by plotting specific thrust and thrust specific fuel 
consumption versus bypass ratio. Such plots are given in Fig. 5-30 for M0 = 0.8, 
To= 216. 7 K, TA = 6.5, lrc = 24, hPR = 42,800 kJ /kg, y = 1.4, and cP = 
1.004 kJ/(kg · K). The optimum fan pressure ratio which gives Vi= Vi9 is 
plotted versus the bypass ratio a in Fig. 5-31. 

We can see, in Fig. 5-30, a sharp reduction in specific fuel consumption as 
a increases from zero. An equally marked, but unfavorable, decrease in thrust 
per unit mass flow occurs. A large fraction of the beneficial decrease in S is 
obtained by selecting an a of about 5, as was done for the engines in the 
DC-10 and 747 transports. At a bypass ratio of 8, corresponding to the C-5A 
engines, a further decrease in specific fuel consumption is realized. Since 
engine weight is a small fraction of the takeoff gross weight for these airplanes, 
it is of secondary importance compared to fuel weight and hence specific fuel 
consumption. Thus we find a relatively large bypass ratio for the engines in the 
transporters tabulated compared to the 0.76 value of the A-7D engine. 

Example 5-6. The engine that we looked at in Sec. 5-9 is used again in this 
section for an example. The following values are held constant for all plots: 

'.fo=216.7K y=l.4 cP=l.004kJ/(kgK) hPR=42,800kJ/kg T,4 =1670K 
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engines, and it is wise to review such reasons so that we can comprehend why 
similar concepts are again gaining in popularity. 

A major reason for the success of the turbofan was its high (subsonic) 
Mach number capability. In a turboprop, the propeller tip Mach numbers 
became very large above approximately M = 0. 7, and the resultant loss in 
propeller efficiency limits the turboprop use to Mach numbers less than 0.7. 
With a turbofan, the onset of high-Mach-number effects is reduced by the 
diffusion within the duct. In addition, the individual blade loading can be much 
reduced by utilizing many blades. A second important benefit of conventional 
turbofans is that they require no gearbox to reduce the tip speeds of their 
relatively short blades. (Note, of course, that usually a turbofan engine has 
multiple spools.) Turboprop gearboxes have, to date, been heavy and subject 
to reliability problems. Finally, the high tip speed of the turboprops led to high 
noise levels, both in the airport vicinity and within the aircraft at flight speeds. 

Recent studies of the very-high-bypass-ratio engines have, however, 
suggested some compromise designs that show high promise. Thus if a bypass 
ratio of, say, 25 is selected, the corresponding cowl could have identified with it 
both weight penalties and drag penalties that do not compensate for the 
benefits of the inlet diffusion and of the reduction in tip losses. By considering 
this "in between" bypass ratio, the required shaft speed reduction will be 
reduced with the result that a lighter and simpler gearbox may be utilized. The 
effects of tip losses and noise production may be somewhat curtailed by 
utilizing many (about eight) of the smaller blades and by sweeping the blades 
to reduce the relative Mach numbers. An additional benefit is available in that 
the blades may be made variable-pitch which will allow high propeller 
efficiencies to be maintained over a wide operating range. Recall [Eq. (1-16)] 
that the propulsive efficiency of a single-exhaust engine is T/P = 2V0/(lj + V0 ), 

where V0 = flight speed and lj =jet speed. 
This expression is appropriate for a propeller also, and it serves to 

emphasize that we want a large propeller [to reduce lj for a given thrust 
F = riz 0(lj - V0 )/ gc] if the propulsive efficiency is to be high. The propulsive 
efficiency represents the ideal limit of the propeller efficiency and is defined as 

Thus 

_ power to vehicle _ Fprop V0 

T/prop - power to propeller - wprop 
(5-87) 

(5-88) 
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where wprop =propeller power in, TJp is the propulsive efficiency and 

(5-89) 

represents the power output of the propeller to the stream divided by the 
power input to the propeller. 

Thus we expect the propeller efficiency to increase with propeller size 
simply because the ideal propeller efficiency (i.e., the propulsive efficiency) 
increases. This, of course, relates the propeller efficiency and bypass ratio. The 
propeller size will, in practice, be limited by the onset of tip Mach number 
losses, etc., which would be reflected in a reduced T/L· 

Cycle Analysis 

It is appropriate in analyzing the turboprop class of engine to consider the 
work supplied to the vehicle, rather than the thrust. To facilitate this, we 
introduce the dimensionless work output coefficient C, defined as 

C = power interaction/mass flow of air through engine core 

ho 
(5-90) 

For the thrust of the core stream, we define its work output coefficient as 

(5-91) 

Thus the work output coefficient for the total turboprop engine is 

(5-92) 

and the corresponding thrust is 

(5-93) 

It is usual, with turboprop engines, to have the core stream exit nozzles 
unchoked, so the pressure imbalance term will not contribute in the 
expression for the thrust. We consider the numbering stations indicated in Figs . 
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Free turbine 

0 2 3 4 4.55 8 

FIGURE S-40a 
Station numbering of turboprop engine. (Courtesy of Pratt & Whitney.) 

5-40a and 5-40b, and we proceed with the analysis in much the same way as 
with the previously considered engine types. · 

For a turboprop engine, we have two design variables-the compressor 
pressure ratio and the low-pressure (free or power) turbine temperature ratio. 
We want to develop the cycle equations in terms of the pressure and 
temperature ratios across both the high-pressure turbine (drives the compres­
sor) and the low-pressure turbine. With station number 4.5 between the high­
and low-pressure turbines, we define 

Pi4.S n ---1H- D 
£14 

Ti4.S r ---
1H - T, 

14 

Step 1. We have for the engine core 

Tis 
1r1L=y; 

14.5 

~c = ao ( V9 _ Mo) 
mo gc ao 

T 

T14 t4 

Tr4.5 t4.5 

Tes, T19 
T13 t3 

t5, t9 

T9 9 

T tO, T12 tO, t2 

To 0 

FIGURE 5-40b 
The T-s diagram of ideal turboprop engine. 

(5-94) 
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Then 

Thus Cc= ( y - l)Mo(~:- Mo) (5-95) 

Step 2. Now %/a0 = YTg/T0 M9 , where 

M9= y:l [(;:Yy-1)/y -1] (5-96) 

Step 3. 

(5-97) 

Step 4. 

where 

and 

Thus (5-98) 

Step 5. From the energy balance of the ideal turbojet's burner, we have 

_ cµTo _ f - (r,, r,rc) 
hPR 

(5-25) 

Step 6. For the high-pressure turbine, we have from the ideal turbojet analysis 

r, 
r = 1--(r -1) tH c r,, 

i (5-99) 

For the low-pressure turbine (also called free turbine), we equate the power 
out of this turbine to the power into the propeller. Thus 

m4.5cp(Tr4.5 - 'Ls) = wprop 

Fu c - T/prop wprop - (1 ) t~· or prop - . Tr - T/prop r,, rrH - r1L (5-100) 

~~\o~~ ... •----------------m-o_c_p_o ____________________ ~:Jl<;L'!!J 
,. •·, 
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TABLE 8-1 
Comparison of analysis variables 

Variable 

Flight condition (M0 , T0 , and P0 ) 

Compressor pressure ratio ;re 

Main burner exit temperature T,4 

Turbine temperature ratio r, 

Parametric cycle 

Independent 
Independent 
Independent 
Dependent 

Engine performance 

Independent 
Dependent 
Independent 
Constant 

conditions were specified via the design inputs: T,4 , M0 , T0 , and P0 • In addition, 
the engine cycle was selected along with the compressor pressure atio, the 
polytropic efficiency of turbomachinery components, etc. For the combination 
of design input values, the resulting calculations yielded the specific perfor­
mance of the engine (specific thrust and thrust specific fuel consumption), 
required turbine temperature ratio, and the efficiencies of the turbomachinery 
(fan, compressor, and turbine). The specific combination or design input values . 
is referred to as the engine design point or reference point. The resulting 
specific engine thrust and fuel consumption are valid only for the given engine 
cycle and values of T,4 , M0 , T0 , ;r0 ru r1c, etc. When we changed any of these 
values in parametric cycle analysis, we were studying a "rubber" engine, i.e., 
one which changes its shape and component design to meet the thermo­
dynamic, fluid dynamic, etc., requirements. 

When a gas turbine engine is designed and built, the degree of variability 
of an engine depends upon available technology, the needs of the principal 
application for the engine, and the desires of the designers. Most gas turbine 
engines have constant-area flow passages and limited variability (variable T,4 ; 

and sometimes variable T,7 and exhaust nozzle throat area). In a simple 
constant-flow-area turbojet engine, the performance (pressure ratio and mass 
flow rate) of its compressor depends upon the power from the turbine and the 
inlet conditions to the compressor. As we will see in this chapter, a simple 
analytical expression can be used to express the relationship between the 
compressor performance and the independent variables: throttle setting (T,4) 

and flight condition (M0 , T0 , P0 ). 

When a gas turbine engine is installed in an aircraft, its performance 
varies with flight conditions and throttle setting and is limited by the engine 
control system. In flight, the pilot controls the operation of the engine directly 
through the throttle and indirectly by changing flight conditions. The thrust 
and fuel consumption will thereby change. In this chapter, we will look at how 
specific engine cycles perform at conditions other than their design (or 
reference) point. 

There are several ways to obtain this engine performance. One way is to 
look at the interaction and performance of the compressor-burner-turbine 
combination, known as the pumping characteristics of the gas generator. In this 
case, the performance of the components is known since the gas generator 
exists. However, in a preliminary design, the gas generator has not been built, 
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0 2 2.5 4 4.5 5 

FIGURE 8-1 
Station numbering for two-spool gas turbine engine. 
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Secondary 
nozzle 

6 

Primary 
nozzle 

7 8 9 

and the pumping characteristics are not available. In such a case, the gas 
generator performance can be estimated by using first principles and estimates 
of the variations in component efficieµcies. In reality, the principal effects of 
engine performance occur because of the changes in propulsive efficiency and 
thermal efficiency (rather than because of changes in component efficiency). 
Thus a good approximation of an engine's performance can be obtained by 
simply assuming that the component efficiencies remain constant. 

The analysis of engine performance requires a model for the behavior of 
each engine component over its actual range of operation~ The more accurate 
and complete the model, the more reliable the computed results. Even though 
the approach (constant efficiency of rotating components and constant total 
pressure ratio of the other components) used in this textbook gives answers 
that are perfectly adequate for preiiminary design, it is important to know that 
the usual industrial practice· is to use data or correlations having greater 
accuracy and.definition in the form of component "maps." The principal values 
of the maps are to improve the understanding of component behavior and to 
slightly increase the accuracy of the results. 

Nomenclature 

The station numbering u~ed for the. performance analysis of the turbojet and 
turbofan is shown in Fig. 8-1. Note that the turbine is divided into a 
high-pressure turbine (station 4 to 4.5) and a low-pressure turbine (station 4.5 
to 5). The high-pressure turbine drives the high-pressure compressor (station 
2.5 to 3), and the low-pressure turbine drives the fan (station 2 to 13) and 
low-pressure compressor (station 2 to 2.5). 

· · The assembly containing the high-pressure turbine, high-pressure com­
pressor, and connecting shaft is called the high-pressure spool. That containing 
the low-pressure turbine, fan or low-pressure compressor, and connecting shaft 
is called the low-pressure spool. In addition to the r and n values defined in 
Table 5-1, the component total temperature ratios and total pressure ratios 
listed in Table 8-2 are required for analysis of the above. gas turbine engine 
with high- and low-pressure spools. 
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TABLE 8-2 
Additional temperature and pressure relationships 

T,3 P,3 r _ T,4.5 n = P,4_5 
'!"cH = T,2.5 7rcH = P,2.5 tH-

T,4 tH P,4 

r = T,2.5 n _ P,2_5 T,5 P,5 
cL T,

2 
cL-

P12 '!"1L = T,4.5 1'1L = P,4.5 

re= rcL rcH 1Cc = 1CcL 1CcH r, = rtHr1L n, = n,Hn1L 

Reference Values and Engine Performance 
Analysis Assumptions 

Functional relationships are used to 'predict the performance of a gas turbine 
engine at different flight conditions and throttle settings. These relationships 
are based on the application of mass, energy, momentum, and entropy 
considerations to the one-dimensional steady flow of a perfect gas at an engine 
steady-state operating point. Thus, if 

f( r, n) =constant 

represents a relationship between the two engine variables r and n at a 
steady-state operating point, then the constant can be evaluated at a reference 
condition (subscript R) so that 

f ( r, n) = f ( rR, n,) =constant 

since f( r, n) applies to the engine at all operating points. Sea-level static (SLS) 
is the normal reference condition (design point) for the value of the gas turbine 
engine variables. This technique for replacing constants with reference condi­
tions is frequently used in the analysis to follow. 

For conventional turbojet, turbofan, and turboprop engines, we will 
consider the simple case where the high-pressure turbine entrance nozzle, 
low-pressure turbine entrance nozzle, and primary exit nozzle (and bypass duct 
nozzle for the separate-exhaust turbofan) are choked. In addition, we assume 
that the throat areas where choking occurs in the high-pressure turbine 
entrance nozzle and the low-pressure turbine entrance nozzle are constant. 
This type of turbine is known as a fixed-area turbine (FAT) engine. These 
assumptions are true over a wide operating range for modern gas turbine 
engines. The following performance analyses also include the case(s) of 
unchoked engine exit nozzle(s). 

The following assumptions will be made in the turbojet and turbofan 
performance analysis: 

1. The flow is choked at the high-pressure turbine entrance nozzle, low­
pressure turbine entrance nozzle, and the primary exit nozzle. Also the 
bypass duct nozzle for the turbofan is choked. 
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2. The total pressure ratios of the main burner, primary exit nozzle, and 
bypass stream exit nozzle (rcb, rcn, and TCfn) do not change from their 
reference values. 

3. The component efficiencies ( T/c, ri1, T/b, T/tH, T/1L, T/mH' and T/mL) do not 
change from their reference values. 

4. Turbine cooling and leakage effects are neglected. 
5. No power is removed from the turbine to drive accessories (or alternately, 

T/mH or T/mL includes the power removed but is still constant). 
6. Gases will be· assumed to be calorically perfect both upstream and 

downstream of the main burner, and y1 and cP1 do not vary with the power 
setting (7;4). 

7. The term unity plus the fuel/air ratio (1 + f) will be considered as a 
constant. 

Assumptions 4 and 5 are made to simplify the analysis and increase 
understanding. Reference 12 includes turbine cooling air, compressor bleed air, 
and power takeoff in the performance analysis. Assumptions 6 and 7 permit 
easy analysis which results in a set of algebraic expressions for an engine's 
performance. The performance analysis of an engine with variable gas 
properties is covered in Sec. 8-8. 

Dimensionless and Corrected Component 
Performance Parameters 
Dimensional analysis identifies correlating parameters that allow data taken 
under one set of conditions to be extended to other conditions. These 
parameters are useful and necessary because it is always impractical to 
accumulate experimental data for the bewildering number of possible operat­
ing conditions, and because it is often impossible to reach many of the 
operating conditions in a single, affordable facility. 

The quantities of pressure and temperature are normally made dimen­
sionless by dividing each by its respective standard sea-level static values. The 
dimensionless pressure and temperature are represented by 8 and e, 
respectively. When total (stagnation) properties are nondimensionalized, a 
subscript is used to indicate the station number of that property. The only 
static properties made dimensionless are free stream, the symbols for which 
carry no subscripts. Thus 

(8-la) 

and (8-lb) 

where Pref= 14.696 psia (101,300 Pa) and 'I'ref = 518.69°R (288.2 K). 
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Dimensionless analysis of engine components yields many useful dimen­
sionless and/or modified component performance parameters. Some examples 
of these are the compressor pressure ratio, adiabatic efficiency, Mach number 
at the compressor face, ratio of blade (tip) speed to the speed of sound, 4nd 
the Reynolds number. . . 

The corrected mass flow rate at engine station i used in this analysis is 
defined as · · 

. riz;v?i; 
m·==--

cz O; (8-2) 

and is related to the Mach number at station i as shown below. From the 
definition of the mass flow parameter [Eq. (3-12)], we can write the mass flow 
a.t station i as · 

. P,; 
m·=-A-xMFP(M) 

I VT;; l . I 

Then (8-3) 

and the corrected mass flow rate per unit area is a function of the Mach 
number alone for a gas. Equation (8-3) is plotted versus Mach number in Fig. 
8-2 for three different y values. Aircraft gas turbine engines need high thrust or 
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power per unit weight which requires high corrected mass flow rates per unit 
area. 

At the entrance to the fan or compressor (station 2), the design Mach 
number is about 0.56 which corresponds to a corrected mass flow rate per unit 
area of about 40 lbm/(sec · ft2). A reduction in engine power will lower the 
corrected mass flow rate and the corresponding Mach number into the fan or 
compressor. 

The flow is normally choked at the entrance to. the turbine (station 4) and 
the throat of the exhaust nozzle (station 8) for· most steady-state operating 
conditions of interest (the flow is typically unchoked at these stations during 
engine start-up). When the flow is choked at station 4, the corrected mass flow 
rate per unit area entering the turbine is constant, which helps define ·the 
pumping characteristics of the gas generator. As shown later in this chapter, 
choked flow at both stations 4 and 8 limits the turbine operation. Even if the 
flow unchokes at a station and the Mach number drops from 1.0 to 0.9, the 
corrected mass flow rate is reduced less than 1 percent. Thus the corrected 
mass flow rate is considered constant when the flow is near or at choking 
conditions. 

Choked flow at station 8 is desired in convergent-only exhaust nozzles to 
obtain high exit velocity and is required in a convergent-divergent exhaust 
nozzle to reach supersonic exit velocities. When the afterburner is operated on 
a turbojet or turbofan engine with choked exhaust nozzle, ~8 increases-this 
requires an increase in the nozzle throat area A 8 to maintain the correct mass 
flow rate/area ratio corresponding to choked conditions. If the nozzle throat is 
not increased, the pressure increases and the mass flow rate decreases, which 
can adversely impact the upstream engine components. 

The corrected engine speed at engine station i used in this analysis is 
defined as 

~ 
~ 

and is related to the blade Mach number. 

(8-4) 

These four parameters represent a first approximation of the complete set 
necessary to reproduce nature for the turbomachinery. These extremely useful 
parameters have become a standard in the gas turbine industry and are 
summarized in Table 8-3. 

Three additional corrected quantities have found common acceptance 
for describing the performance of gas turbine engines: corrected thrust F;;, 
corrected thrust specific fuel consumption S0 and correct fuel mass flow rate 
rhfc· 

The corrected thrust is defined as 

(8-5) 
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TABLE 8-3 
Corrected paranieters 

Parameter Symbol 

Total pressure 

Total temperature 

Rotational speed N=RPM 

Mass flow rate 

Thrust F 

Thrust specific fuel consumption s 

Fuel mass flow rate 

Corrected parameter 

e = T,; 
1 I'ret 

F 
F=-

c 80 

s 
Sc= Ve;; 

. rilr 
mfc = 82Y&;_ 

For many gas turbine engines operating at maximum Ti4 , the corrected thrust is 
essentially a function of only the corrected free-stream total temperature e0 • 

The corrected thrust specific fuel consumption is defined as 

IS,=~ I (8-6) 

and the corrected fuel mass flow rate is defined as 

(8-7) 

Like the corrected thrust, these two corrected quantities collapse the variation 
in fuel consumption with flight condition and throttle setting. 

These three corrected quantities are closely related. By using the 
equation for thrust specific fuel consumption 

S=rilt 
F 

rrd = P12/ Fro, and the fact that 82 = 80, the followi,ng relationship results 
between these corrected quantities: 

mfic 
S =rr -

c d Fe (8-8) 
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80 N/~(%) 70 
FIGURE 8-3 
Typical compressor performance map. 

These extremely useful corrected engine performance parameters have also 
become a standard in the gas turbine industry and are included in Table 8c3. 

Component Performance Maps 

COMPRESSOR AND FAN PERFORMANCE MAPS. The performance of a 
compressor or fan is normally shown by using the total pressure ratio, 
corrected mass flow rate, corrected engine speed, and component efficiency. 
Most often this performance is presented in one map showing the inter­
relationship of all four parameters, like that depicted in Fig. 8-3. Sometimes, 
for clarity, two maps are used, with one showing the pressure ratio versus 
corrected mass flow rate/corrected speed and the other showing compressor 
efficiency versus corrected mass flow rate/corrected speed. 

A limitation on fan and compressor performance of special concern is the 
stall or surge line. Steady operation above the line is impossible, and entering 
the region even momentarily is dangerous to the gas turbine engine. 

MAIN BURNER MAPS. The performance of the main burner is normally 
presented in terms of its performance parameters that are most important to 
engine performance: total pressure ratio of the main burner nb and its 
combustion efficiency Y/b. The total pressure ratio of the main burner is 
normally plotted versus the corrected mass flow rate through the burner 
(m3 Ye;,; o3) for different fuel/air ratios f, as shown in Fig. 8-4a. The efficiency 
of the main burner can be represented as a plot versus the temperature rise in 
the main burner T,4 - T,3 or fuel/ air ratio f for various values of inlet pressures 
P,3 , as shown in Fig. 8-4b. 

~b 1.00tr-======..---Lf ,. r~~~~-======:::J./~=:::::: 
0.90 
'---~~~~~~~~~~~~-~~_.., FIGURE 8-4a 

Combustor pressure ratio. 
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600 
T,4-T13 (0 R) 

2000 FIGURE 8-4b 
Combu,stor efficiency. 

TURBINE MAPS. The fl.ow through a turbine first passes through stationary 
airfoils (often called inlet guide vanes or nozzles) which turn and accelerate the 
fluid, increasing its tangential momentum. The fl.ow then passes through 
rotating airfoils (called rotor blades) that remove energy from the fluid as they 
change its tangential momentum. Successive pairs of stationary airfoils 
followed by rotating airfoils remove additional energy from the fluid. To obtain 
a high output power/weight ratio from a turbine, the fl.ow entering the 
first-stage turbine rotor is normally supersonit which requires the fl.ow to pass 
through sonic conditions at the minimum passage area in the inlet guide vanes 
(nozzles). By using Eq. (8-3), the corrected inlet mass fl.ow rate based on thi.s 
minimum passage area (throat) will be constant for fixed-inlet-area turbines. 
This fl.ow characteristic is shown in the typical turbine fl.ow map (Fig. 8-Sa) 
when the expansion ratio across the turbine [(Pi4 /Pi5) = l/nr)] is greater than 
about 2 and the fl.ow at the throat is choked. 

The performance of a turbine is normally shown by using the total 
pressure ratio, corrected mass fl.ow rate, corrected turbine speed, and 
component efficiency. This performance can be presented in two maps or a 
combined map (similar to that shown for the compressor in Fig. 8-3). When 
two maps are used, one map shows the interrelationship of the total pressure 

4 

Choked flow 

______ __t __ 

FIGURE 8-Sa 
8 Typical turbine flow map. 
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FIGURE 8-Sb 
Typical turbine efficiency map. 

100 110 120 

% design corrected mass flow x corrected rpm 

FIGURE 8-Sc 
Combined turbine 
performance map. 

ratio, corrected mass flow rate, and corrected turbine speed, like that 
depicted in Fig. 8-~a. The other map shows the interrelationship of turbine 
efficiency versus corrected mass flow rate/expansion ratio, like that shown in 
Fig. 8-Sb. When a combined map is used, the total pressure ratio of the turbine 
is plotted versus the product of corrected mass flow rate and the corrected 
speed, as shown in Fig. 8-Sc. This spreads out the lines of constant corrected 
speed from those shown in Fig. 8-Sa, and the tt1rbine efficiency can riow. be 
shown. If we tried to add these lines of coristant turbine efficiency to Fig. 8-Sa, 
many would coincide with the line for choked flow~ · 

For the majority of aircraft gas turbine engine operation, the turbine 
efficiency varies very little. In the analysis of this chapter; we consider that the 
turbine efficiency is constant. · 

8-2 GAS GENERATOR 

The performance of a gas turbine engine depends on the operation of its gas 
generator. In this section, algebraic expressions for the _pumping characteris­
tics of a simple gas turbine engine are developed. 
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Conservation of Mass 

We consider the flow through a single-spool turbojet engine with constant inlet 
area to the turbine (A4 =constant). The mass flow rate into the turbine is equal 
to the sum of the mass flow rate through the compressor and the fuel flow rate 
into the main burner. Using the mass flow parameter (MFP), we can write 

With the help of Eq. (8-3), the above equation yields the following expression 
for the compressor corrected mass flow rate: 

. ~ Tr2 Pref P,4 A4 ( ) m 2 = ------MFPM4 
c T..ef Pi2 VT;;. 1 + f 

Noting that P,4 = ncnbPi2, we see that 

(8-9) 

Equation (8-9) is a straight line on a compressor map for constant values of 
T,4/T,2, A4, f, and M4. Lines of constant T,2/T,4 are plotted on a typical 
compressor map in Figs. 8-6a and 8-6b for constant values of A4 and f. Note 

12 

10 

4 

20 40 60 80 100 
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FIGURE 8-6a 
120 Compressor map with lines of 

constant T,4/T12 • 
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FIGURE 8-6b 
Compressor map origin with lines of constant T,4 /Tt2. 

that these lines start at a pressure ratio of 1 and corrected mass flow rate of 0 
and are curved for low compressor pressure ratios (see Fig. 8-6b) because 
station 4 is unchoked. Station 4 chokes at a pressure ratio of about 2. At 
pressure ratios above 2, these lines are straight and appear to start at the origin 
(pressure ratio of 0 and mass flow rate of 0). The lines of constant Tr2 /Tr4 show 
the general characteristics required to satisfy conservation of mass and are 
independent of the turbine. For a given Tr4 /Tr2 , any point on that line will 
satisfy mass conservation for engine stations 2 and 4. The actual operating 
point of the compressor depends on the turbine and exhaust nozzle. 

Equation (8-9) can be written simply for the case when station 4 is 
choked (the normal situation in gas turbine engines) as 

(8-10) 

For an engine or gas generator, the specific relationship between the 
compressor pressure ratio and corrected mass flow rate is called the 
compressor operating line and depends on the characteristics of the turbine. 

· The equation for the operating line is developed later in this section. 
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Turbine Characteristics 

Before developing the equations that predict the bperating characteristics of 
the turbine, we write the mass flow parameter at any station i in terms of the 
mass flow rate, total pressure, total temperature, area, and Mach number. 
Since 

m n . jjf·g. ( . "\/. -1 . )-(y,+1)/(2(y,-1)) 
-' -.-u = MFP(M) = _!_!__E_ M 1 + -"-M 2 

Pc;A; l R; I 2 l 

Then, for M; = 1, 

m VF. T.. jjf·g· ( 2 .)(y,+l)/(Z(y,-l)J r. 
-'-u=MFP(M;=l)= _!_!__E_ -- =--'-· 

P,;A; . R; /'; + 1 VR;/gc 
(8-lla) 

where f=v:;, --
- ( 2 )(y;+l)/(2(y;-1)) 

1 ll ')'; + 1 . (8-llb) 

For a turbojet engine, the flow is choked (M = 1) in the turbine inlet 
guide vanes (station 4) and nearly at the throat of the exhaust nozzle (station 
8). Thus the corrected mass flow rate per unit area is constant at station 4 arid 

rfz
8 

= P,sAs MFP(M
8

) 

Yr:s 
(i) 

For a simple turbojet engine; the mass flow rate through the turbine is equal to 
that through the exhaust nozzle, or 

Using Eq. (i), then, we have 

or 

where 

VT;;]f;;. As MFP(Ms) 

Pcsl P,4 A4 f 4/~ 

Yi,= As MFP(Ms) 

n, A 4 f4/~ 

( 
1 - rt)y/(y,-IJ 

n,= l---
YJ, 

(8-12a) 

(8-12b) 
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For constant turbine efficiency 71" constant values of R and r, constant areas 
at stations 4 and 8, and choked flow at station 8, Eqs. (8-12a) and (8-12b) can 
be satisfied only by constant values of the turbine temperature ratio r, and the 
turbine pressure ratio n,. Thus we have 

for Ms = 1 and constant A 4 and As 

If the exhaust nozzle unchokes and/ or its throat area is changed, then 
both r, and n, will change. Consider a turbine with reference values of 71, = 0.90 
and r, = 0.80 when the exhaust nozzle is choked and the gas has y = 1.33. From 
Eqs. (8-l2a) and (8-12b ), n, = 0.363174 and As/ A 4 = 2.46281 at reference 
conditions. Figure 8-7a shows plots of Eq. (8-12a) for different values of the 
area ratio As/A4 times the mass flow parameter at station 8 [MFP(Ms)] and 
Eq. (8-12b ). Because of the relative slopes of these equations, the changes of 
both r1 and tc1 with As and Ms can be found by using the following functional 
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0.38 
Eq. (8-12a) 
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0.36 
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r, 

FIGURE 8-7a 
Plot of turbine performance Eqs. (8-12a) and (8-12b ). 
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FIGURE 8-7b 
Variation of turbine performance with exhaust nozzle Mach number. 
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FIGURE 8-7c 
Variation of turbine performance with exhaust nozzle area. 
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iteration scheme, starting with an initial value of r,: (1) solve for n0 using Eq. 
(8-12a ); (2) calculate a new r" using Eq. (8-12b ); (3) repeat steps 1 and 2 until 
successive values of r, are within a specified range (say, ±0.0001). The results 
of this iteration, plotted in Figs. 8-7b and 8-7c, show that when the Mach 
number Ms is reduced from choked conditions (Ms= 1), both r, and n, 
increase; and when the exhaust nozzle throat area As is increased from its 
reference value, both r, and n, decrease. A decrease in r,, with its correspond­
ing decrease in n" will increase the turbine power per unit mass flow and 
change the pumping characteristics of the gas generator. 

Compressor Operating Line 

From a work balance between the compressor and turbine, we write 

or (8-13) 

where (ii) 

Combining Eqs. (8-13) and (ii) gives 

(8-14) 

where the term in square brackets can be considered a constant when r, is 
constant. Solving Eq. (8-14) for the temperature ratio gives 

where C2 represents the reciprocal of the constant term within the square 
brackets of Eq. (8-14). Combining this equation with Eq. (8-10) gives an 
equation for the compressor operating line that can be written as 

for constant r, (8-15) 

We can plot the compressor operating line, using Eq. (8-15), on the 
compressor map of Fig. 8-6a, giving the compressor map with operating line 
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shown in Fig. 8-8. This compressor operating line shows that for each value of 
the temperature ratio T,2/T,4 there is one value of compressor pressure ratio 
and corrected mass flow rate. One can also see that for a constant value of T,2, 

both the compressor pressure ratio and the corrected mass flow rate will 
increase with increases in throttle setting (increases in T,4). In addition, when 
at constant T,4 , the compressor pressure ratio and corrected mass flow rate will 
decrease with increases in T,2 due to higher speed and/or lower altitude (note: 
T,2 = T,0 = Tarr). The curving of the operating line in Fig. 8-8 at pressure ratios 
below 4 is due to the exhaust nozzle being unchoked (M8 <1), which increases 
the value of rt (see Fig. 8-7b ). 

The compressor operating line defines the pumping characteristics of the 
gas generator. As mentioned earlier, changing the throat area of the exhaust 
nozzle A 8 will change these characteristics. It achieves this change by shifting 
the compressor operating line. Increasing A 8 will decrease rt (see Fig. 8-7c). 
This decrease in rt will increase the term within the square brackets of Eq. 
(8-14) which corresponds to the reciprocal of constant C2 in Eq. (8-15). Thus 
an increase in A 8 will decrease the constant C2 in Eq. (8-15). For a constant 
T,4 /T,2 , this shift in the operating line will increase both the corrected mass flow 
rate and the pressure ratio of the compressor, as shown in Fig. 8-9 for a 20 
percent increase in A 8• For some compressors, an increase in the exhaust 
nozzle throat area A 8 can keep engine operation away from the surge. 

12 
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FIGURE 8-8 

120 Compressor map with operat­
ing line. 
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Engine Controls 

The engine control system will control the gas generafor operation to keep the 
main burner exit temperature T,4 and the co01pressor's pressure ratio Ire; 

rotational speed N, exit total pressure T,3, and exit total pressure P13 from 
exceeding specific maximum values. An understanding of the influence df the 
engine control system on compressor performance during changing flight 
conditions and throttle settings can be gained by recasting Eqs. (8-10) and 
(8-14) iil terms of the dimensionless fofal temperature at station 0 ( B0 ). We 
note that 

and 

Tro . 
T,o = 4er- = 4erBo 

4er 

· To To ( 'Y - 1 z) 00 = - r, = - 1 + --M 0 
4er 4er 2 . 

(8-16) 

Equation (8-16) and Figs. 8-10 and 8-11 show that B0 includes the influence of 
both the altitude (through the ambient temperature Tci) and the flight Mach 
number. Although Fig. 8-10. shows the direct influence of Mach number and 
altitude on B0 , Fig. 8-11 is an easier plot to understand in terms of aircraft flight 
conditions (Mach number and altitude). 

Using Eq. (8-16) and the fact that T,2 = T,0 , we can write Eq. (8-14) as 

(8-17) 
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Example 8-7. The performance of an afterburning turbojet with a throttle ratio 
of 1 is considered. The engine performance, when the afterburner is operating at 
its maximum exit temperature, is commonly referred to as maximum or wet. This 
afterburning turbojet engine has a maximum thrust of 25,000 !bf. The terms 
milita.ry and dry refer to the engine's performance when the afterburner is off (not 
operating) and the engine core is at maximum operating conditions. The 
reference conditions and operating limits for the afterburning turbojet engine are 
as follows: 

REFERENCE: 

OPERATION: 

Sea level static (Ta= 518. 7°R, P0 = 14.696 psia), nc = 20, 
lrcL = 5, lrcH = 4, ecL = 0.9, ecH = 0.9, etH = 0.9, e,L = 0.9, 
ndmax = 0.98, nb = 0.96, nn = 0.98, T,4 = 3200°R, Cpc = 
0.24 Btu/(Ibm · 0 R), 'Ye= 1.4, cP, = 0.295 Btu/(Ibm · 0 R), y, = 
1.3, T/b = 0.995, T/mL = 0.995, T/mH = 0.995, hPR = 
18,400 Btu/lbm, T,7 = 3600°R, cpAB = 0.295 Btu/(Ibm · 0 R), 
'Y AB= 1.3, 7rAB = 0.94, T/AB = 0.95, T/cL = 0.8755, T/cH = 0.8791, 
T/1H = 0.9062, T/1L = 0.9050, n,H = 0.5466, r,H = 0.8821, n,L = 
0.6127, r,L = 0.9033, M8 =1, M 9 = 1.85, f = 0.0358, fAB = 
0.0195, fa= 0.0554, F = 25,000 !bf, S = 1.4473 (Ibm/hr)/lbf, 
rh0 = 181.57 lbm/sec 

Maximum T,4 = 3200°R 
Mach number: 0 to 2 

Maximum T,7 = 3600°R 
Altitudes (kft): 0, 20, and 40 

The wet and dry performances of this afterburning turbojet are compared 
in Figs. 8-43 and 8-44. Note that the wet thrust is about 20 percent greater than 
the dry thrust, and the thrust at 40-kft altitude is about 25 percent of its sea-level 

35,000 

30,000 

25,000 

c 20,000 
5 
"' 15,000 

10,000 

5,000 

0 
0.0 0.4 0.8 1.2 1.6 

Mo 

FIGURE 8-43 
2.0 Maximum wet and dry thrust 

of afterburning turbojet. 
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FIGURE 8-44 
Maximum wet and dry thrust 
specific fuel consumption of 
afterburning turbojet. 

value. The thrust specific fuel consumption at 40-kft altitude is much higher than 
expected for Mach numbers below about 1.3. This high S is due to the reduction 
in T,4 below maximum for (}0 < TR, which lowers the temperature of the gas 
entering the afterburner and increases the temperature· rise across the 
afterburner. 

The partial-throttle performance of the afterburning turbjoet is shown in 
Fig. 8-45 at flight conditions of sea-level static and Mach 1.5 at 40 kft. These 
curves are commonly called throttle hooks because of their shape. At sea level 
static conditions, the minimum thrust specific file! consumption of about 
1.02 (lbm/hr)/lbf occurs at a thrust of about 4300 !bf (about 20 percent of dry 
thrust). At partial-power levels this low, the change in component efficiency can 
cause the fuel consumption of a real engine to be very different from that 
predicted here. Since the engine models used to generate these curves are based 
on constant component efficiencies, the results at significantly reduced throttle 
settings can be misleading. Comparison of this figure with the partial-power 
performance of the advanced fighter engine of Fig. l-14e shows that the trends 
are correct. The advanced turbofan engine of Fig. 1-14e has lower thrust specific 
fuel consumption mainly because it is a low-bypass-ratio turbofan engine. 

8-5 TURBOFAN ENGINE-SEPARATE. 
EXHAUSTS AND CONVERGENT 
NOZZLES 

The turbofan engines used on commercial subsonic aircraft typically have two 
spools and separate exhaust nozzles of the convergent type, as shown in Fig. 
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1.0 J:?IGURE 8-45 
0 5,000 15,000 20,000 25,000 Partial-throttle performance of 

Thrust (!bf) afterburning turbojet. 

8-46. For ease of analysis, we will consider a turbofan engine whose fan exit 
state (13) is the same as the low-pressure compressor exit state (2.5). Thus 

and 

The exhaust nozzles of these turbofan engines have fixed throat areas 

13 

18 

0 8 

2 2.5 4 4.5 5 6 

FIGURE 8-46 
Turbofan engine with separate exhausts. (Courtesy of P~att & Whitney.) 
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520 GAS TURBINE 

which will be choked when the exhaust total pressure/ambient static pressure 
ratio is equal to or larger than [( 'Y + 1)/2)Y1<r1

). When an exhaust nozzle is 
unchoked, the nozzle exit pressure equals the ambient pressure and the exit 
Mach number is subsonic. 

Choked flow at stations 4 and 4.5 of the high-pressure spool during 
engine operation requires 

Constant values of n,H, rtH, rizc4 , and rizc4.5 (8-36) 

Since the exhaust nozzles have fixed areas, this gas turbine engine has 4 
independent variables (7;4 , M 0 , T0 , and P0). We will consider the case when 
both exhaust nozzles may be unchoked, resulting in 11 dependent variables. 
The performance analysis variables and constants are summarized in Table 8-6. 

LOW-PRESSURE TURBINE ( r,L, n,L)· Equations (8-37) and (8-38) apply for 
the low-pressure turbine temperature and pressure ratios of this turbofan 
engine. 

(8-37) 

TABLE 8-6 
Performance analysis variables for separate-exhaust turbofan engine 

Variables 

Component Independent Constant or known Dependent 

Engine Mo, To, Po riz0 , a 
Diffuser Trd =[(Mo) 
Fan Trt, Tr 
High-pressure compressor 7rclb 'TcH 

Burner T,. Trb, Y/b f 
High-pressure turbine JrtH' TtH 

Low-pressure turbine n,L, TtL 

Core exhaust nozzle Trn M9 
Fan exhaust nozzle Trrn Mi9 

Total number 4 11 
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Since the flow is choked (M4 = 1) and the area is constant (A4 =constant) at 
station 4, the above equation can be rewritten for the core mass flow rate in 
terms of component pressure ratios as 

. - Po77:r11:d11:c [ MFP(M4)] 
m 0 - • r;:;;- nbA4 f vYr4 1 + 

where the terms within the square brackets are considered constant. Equating 
the constants to reference values gives 

(8-72) 

The power balance of the core spool between the high-pressure turbine and 
the compressor gives 

TJmrh4Cpr('Fr4 - Tr4.s) ~ rh2Cpc('Fr3 - 'I'rz) 

Rewriting this equation in terms of temperature ratios, rearranging into 
variable and constant terms, and equating the constant to reference values give 

[
r,(rc-1)] 

T/m(l + f)(l - 'Z°tH) = TrJI'o R 

Solving for 're gives 

(8-73) 

From the definition of compressor efficiency, nc is given by 

(8-74) 

Core Work Coefficient Cc 

The expression for the core work coefficient Cc developed in Chap. 7 still 
applies and is given by Eq. (7-96) 

(7-96) 
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where V9 /a 0 is given by Eq. (7-99) and T9/T0 is given by Eqs. (7-98a) and 
(7-98b ). 

Power (Low-Pressure) Turbine ( --c1L, rc1L) 

Equations (7-37) and (8-38) apply for the power (low-pressure) turbine 
temperature and pressure ratios of this turboprop engine; We write Eq. (8-37) 
in terms of the Mach number at station 9 as 

(8-75) 

where (8-38) 

If station 9 is choked at the reference condition and at all performance 
conditions of interest, then nrL and r1L are constant. 

The power balance of this spool was found in Chap. 7. It still applies, and 
Eq. (7-101) gives the propeller work coefficient Cprop: 

Exhaust Nozzle 

7J prop W prop 

riloCpcTo 
(7-101) 

Two flow regimes exist for flow through the convergent exhaust nozzle 
(unchoked flow and choked flow). Unchoked flow will exist when 

and choked flow will exist when 

For unchoked flow, the exit static pressure P9 is equal to the ambient pressure 
P0 , and the subsonic exit Mach number M9 is given by 

~ [(P19)(y,-1)1y, -1] 
!'1 1 Po 
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When the flow is choked, then 

Mg=l, 
P,g =('Yr+ 1).y,l(y,-1) 

Pg 2 ' 

Iteration Scheme for 'CrL' TCru and Mg 
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and 
P0 P,g/Pg 
-=--
Pg Pt9/P0 

Determination of the conditions downstream of station 4.5 requires an iterative 
solution. The method used is as follows: 

1. Initially assume that n,L equals its reference value nrLR· 

2. Calculate rtu using Eq. (8-38). 
3. Calculate P,g/ P0 and conditions at exit including Mg. 
4. Calculate the new n,L, using Eq. (8-75). 
5. Compare the new ntL to the previous value. If the difference is greater than 

0.0001, then go to step 2. 

PropeJier Performance 

The performance of the propeller can be simply modeled as a function of the 
flight Mach number (Ref. 12); one such model, which is used in the PERF 
computer program of this textbook, is shown in Fig. 8-71 and expressed 

1.0 LO 

0.8 0.8 

0.6 0.6 

~ 
I::" 

0.4 0.4 

0.2 0.2 

o.o ~--~--~~--~---~--~ o.o FIGURE 8-71 
o.o 0.2 0.4 0.6 0.8 LO Variation in propeller efli-

Mo ciency with Mach number. 
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differential pressure change, or 

dhti dT,; dT,JT, y-ldPJP1 e =-=-=--=-----
c dht dT, dT,/T, - 'Y dT,/T, 

For a constant polytropic efficiency ec, integration between states tl and t3 
gives 

(9-11) 

A useful expression for stage efficiency, in terms of the pressure ratio and 
polytropic efficiency, can be easily obtained by using Eqs. (9-10) and (9-11). 
Solving Eq. (9-11) for the temperature ratio and substituting into Eq. (9-10) 
give 

(P13/ ?i1)<ri)ty - 1 
T/s = (P /P )(y-1)/(yec) - 1 

t3 tl 

(9-12) 

In the limit, as the pressure ratio approaches 1, the stage efficiency approaches 
the polytropic efficiency. The variation in stage efficiency with stage pressure 
ratio is plotted in Fig. 9-l4b for constant polytropic efficiency. 

The compressor polytropic efficiency is useful in preliminary design of 
compressors for gas turbine engines to predict the compressor efficiency for a 
given level of technology. The value of the polytropic efficiency is mainly a 
function of the technology -level (see Table 6-2). Axial-flow compressors 
designed in the 1980s have a polytropic efficiency of about 0.88, whereas the 
compressors being designed today have a polytropic efficiency of about .0.9. 

DEGREE OF REACTION. For compressible flow, the degree of reaction is 
defined as 

0 
rotor static enthalpy rise = h2 - h 1 

Re =stage static enthalpy rise h3 - hi 
(9-13a) 

For a calorically perfect gas, the static enthalpy rises in the equation become 
static temperature rises, and the degree of reaction is 

(9-l3b) 

In the general case, it is desirable to have the degree of reaction in the vicinity 
of 0.5 because the rotor and stator rows then will "share the burden" of 
increasing the enthalpy of the flow. The degree of reaction for the stage data 
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FIGURE 9-15 
Cascade. airfoil nomenclature. 

a i- ae =turning angle 

Y; - Ye= airfoil camber angle 

a i - y i = incidence angle 

ae- Ye= Oc =exit deviation 

a= els = solidity 

e = stagger angle 
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of Example 9-1 is approximately 0.28, which means the majority of the static 
temperature rise occurs in the stator. 

CASCADE AIRFOIL NOMENCLATURE AND LOSS COEFFICIENT. Figure 
9-15 shows the cascade airfoil nomenclature and the airfoil and flow angles. 
Subscripts i and e are used for the inlet and exit states, respectively. The ratio 
of the airfoil chord c to the airfoil spacing s is called the solidity u, which 
typically is near unity. At design, the incidence angle is nearly zero. The exit 
deviation can be determined by using Carter's rule: 

0 - '}'; - 'Ye 
c - 4Yu (9-14) 

The airfoil angles of both the rotor and the stator can be calculated from 
the flow angles, given the incidence angle and solidity for each. To obtain the 
exit airfoil angle, Eq. (9-14) is rearranged to give 

4aeYu- 'Yi 
'Ye= 4Yu-1 

For the data of Example 9-1, we obtain the following airfoil angles, assuming a 
solidity of 1 and a zero incidence angle for both rotor and stator: · 

Rotor 

Stator 

'}'; = 42.35° 

'}'; = 48.97° 

'Ye=17.71° 

'Ye= 37.01° 

Losses in cascade airfoils are normally quantified in terms of the drop in 
total pressure divided by the dynamic pressure of the incoming flow. This .ratio 
is called the total pressure loss coefficient and is defined as 

Pi; - Pie 
<Pc== v2;(2 ) P i gc 

(9-15) 
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FIGURE 9-16 
Compressor cascade experi­
mental behavior. 

Figure 9-16 shows the typical total pressure loss behavior of compressor airfoils 
obtained from cascade tests. Note that these losses increase with Mach number 
and incidence angle. The loss coefficients shown in Fig. 9-16 include only the 
two-dimensional or "profile" losses and must be increased in compressor stage 
design to account for end losses (e.g., tip leakage, wall boundary layer, or 
cavity leakage). 

DIFFUSION FACTOR. The total pressure loss of a cascade depends upon 
many factors. The pressure and velocity distribution about a typical cascade 
airfoil is shown in Fig. 9-17. The upper (suction) side of the compressor blade 
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100 

GE-1014.114



668 GAS TURBINE 

TABLE 9-Sa 
Summary of eight-stage compressor design 

Stage 1 2 3 4 5 6 7 8 

M1 0.600 0.560 0.528 0.500 0.476 0.456 0.438 0.422 

n:. 1.497 1.430 1.379 1.338 1.306 1.279 1.256 1.237 
P,1 (psia) 14.70 22.01 31.47 43.39 58.07 75.81 96.9 121.8 

T,1 (
0 R) 518.7 589.6 660.5 731.4 802.3 873.1 944.0 1014.9 

rh (in) 14.03 14.80 15.32 15.67 15.93 16.12 16.27 16.38 
r, (in) 20.03 19.26 18.75 18.39 18.14 17.94. 17.80 17.68 
A 1 (in

2
) 641.8 476.9 367.4 291.1 236.0 194.9 163.5 139.0 

radius and hub radius at the inlet to the first stage are about 20 and 14 in, 
respectively, giving a first-stage hub/tip ratio of 0.7. 

Example 9-7. Preliminary design of mean line. The COMPR program was used to 
perform the following analysis of a repeating-row, repeating-stage, mean-line 
design with a free-vortex swirl distribution. The following input data were 
entered: 

Number of stages: 8 
Rotor angular speed w: 800 rad/sec 
Inlet total temperature T,: 518.7°R 
Inlet Mach number M1: 0.6 
Solidity a: 1.0 
Rotor c/h: 0.6 
Gas constant: 53.34 ft· lbf/(lbm · 0 R) 

Mass flow rate: 150 lbm/sec 
Inlet total pressure P,: 14.70 psia 
Inlet flow angle a 1 : 36° 
Diffusion factor D: 0.5 
Polytropic efficiency ec: 0.9 
Stator c I h: 0.6 
Ratio of specific heats y: 1.4 

The results from COMPR are summarized in Table 9-8a for the mean-line 
design. The mean radius is 17 .032 in. and the flow angle at the entrance to the 
stator a 2 is 55.28°. A cross-sectional sketch of the eight stages as plotted by 
COMPR and captured on a laser printer is shown in Fig. 9-36a. The estimated 

TABLE 9-Sb 
Number of blades with same c / h value for each row 

Stage 1. 2 3 4 5 6 7 8 

Rotor 
c/h 0.60 0.60 0.60 0.60 0.60 0.60 0.60 0.60 
Blades 56 71 87 106 128 151 177 206 
Chord (in) 3.365 2.518 1.953 1.555 1.266 1.050 0.883 0.753 

Stator 
c/h 0.60 0.60 0.60 0.60 0.60 0.60 0.60 0.60 
Blades 48 64 81 102 124 149 176 206 
Chord (in) 2.899 2.211 1.739 1.401 1.151 0.962 0.814 0.698 
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TABLE 9-Sc 
Number of blades with different c/h values for each row 

Stage 1 2 3 4 5 6 7 8 

Rotor 
c/h 0.60 0.60 0.63 0.73 0.83 0.93 1.03 1.13 
Blades 56 71 83 88 92 98 104 110 
Chord (in) 3.362 2.518 2.050 1.892 1.752 1.627 1.516 1.418 

Stator 
c/h 0.60 0.60 0.60 0.70 0.80 0.90 1.00 1.10 
Blades 48 64 81 87 93 99 106 113 
Chord (in) 2.899 2.211 1.739 1.634 1.535 1.442 1.357 1.280 

length of the compressor is 25.53 in. The resulting number of blades and blade 
chord lengths are given in Table 9-Sb based on the input chord/height ratio of 0.6 
for both the rotor and stator of all stages. 

The number of blades in a rotor or stator now can be reduced by increasing 
its chord/height ratio. Since COMPR uses the same chord/height ratio for each 

TABLE 9-Sd 
Material selection calculations for rotor blades, rims, and disks 

Stage 1 2 3 4 5 6 7 8 

AN2 (X 1010 in2 
· rpm2

) 3.2530 2.4598 1.9209 1.5389 1.2587 1.0474 0.88422 0.75579 

(J'c/ P [ksi/ (slug/ft3
) ]* 2.7377 1.0702 1.6166 1.2951 1.0593 0.8815 0.7442 0.6361 

T:rn (oR) 554 625 696 767 838 909 979 1050 

T:rn (°F) 94 165 236 307 378 449 519 590 
Blade material Material 2 

rh (in) 14.03 14.80 15.32 15.67 15.93 16.12 16.27 16.38 
wrh (ft/sec) 953.33 986.67 1021.3 1044.7 1062.0 1074.7 1084.7 1092.0 
h,t (in) 3.362 2.518 2.050 1.892 1.752 1.627 1.516 1.418 
r, (in) 10.668 12.282 13.270 13.778 14.178 14.493 14.754 14.962 
Rim material Material 2 
(J',/ p [ksi/ ( slug/ft3

)] 4 4 4 4 4 4 4 4 
p(wr)2/(J', 1.5188 1.6901 1.8110 1.8947 1.9581 2.0050 2.0425 2.0702 

W1,IW,.* 0.4578 0.3367 0.2856 0.2735 0.2616 0.2500 0.2395 0.2299 

wr, (ft/sec) 711.20 818.80 884.67 918.53 945.20 966.20 983.60 997.47 
(J'd/p [ksi/ ( slug/ft3mf 0.8781 1.1639 1.3587 1.4648 1.5510 1.6207 1.6796 1.7273 
Disk material Material 2 

*Based on Eq. (J-6) and a blade taper ratio of 1.0. 
t Based on h, equal to blade chord. 
:j: Based on Eq. (J-10) and iibladeJu, = 0.1. 
I) Based on Eq. (J-12). 
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Data File: D:,COMPR,EX97.DAT 
Design: 5 
Units: Englls 
Stages: B 
l!IC = 149.96 
PR = 19.25 

Size Cin) 
Front 
Rh = 14.03 
Rt = 20.93 

Back 
Rh = 16.47 
Rt = 17.59 

L = 25.53 

COl1PRESSOR CROSS SECTIOH 

Center Line 

Press <p> to print screen or <Esc> to exit screen 

FIGURE 9-36a 
Sketch of compressor cross section from COMPR with constant c/h. 

Data File: D:,COMPR,EX97M.DAT 
Design: 2 
Units: English 
Stages: B 
l!IC = 149.96 
PR = 19.25 

Size Cin) 
Front 
Rh = 14.93 
Rt = 29.93 

Back 
Rh = 16.47 
Rt = 17.59 

L = 39.37 

COMPRESSOR CROSS SECTIDH 

Center Line 

Press <p> to print screen or <Esc> to exit screen 

FIGURE 9-36b 
Sketch of compressor cross section from COMPR with variable c/h. 
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flow rate by the valve. The inlet and exit conditions are measured along with 
the rotational speed and input power. These data are reduced to give the 
resulting compressor map. 

CORRECTED QUANTITIES. For a compressor, the following four corrected 
quantities are normally used to map its performance: 

Item Symbol Corrected 

Pressure P,; tJ.= P,; 
1 

pref 
where Pref= 14.696 psia 

Temperature T,; (}. = T,; 
l Tref 

where T,.r = 518.7°R 

Rotational speed N=RPM 
N 

Ve; 

Mass flow rate riz; 
. m;Ve; 

me; =-s;-

The corrected rotational speed is directly proportional to the ratio of the axial 
to rotational velocity. The corrected mass flow rate is directly proportional to 
the Mach number of the entering flow. We note that 

. Pc; 
m; = nA; MFP(M;) 

ll 

Then 
mnPt Pt rh . = -'--" _r_e_ =_re_ A MFP(M) 

Cl P,; VT::r VT::r l l 

Therefore 

At engine station 2 (entrance to compressor or fan) 

. Pref . 
mc2 =. r;:;:;-A2 MFP(M2) 

V 4ef 
(9-64) 

Thus the corrected mass flow rate is directly proportional to the Mach number 
at the entrance to the compressor. 

COMPRESSOR MAP. The performance of two modern high-performance fan 
stages is shown in Fig. 9-39. They have no inlet guide vanes. One has a low 
tangential Mach number (0.96) to minimize noise. The other has supersonic tip 
speed and a considerably larger pressure ratio. Both have high axial Mach 
numbers. 

Variations in the axial-flow velocity in response to changes in pressure 
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1.5 2.0 

1.1 40 60 80 100 120 40 60 80 100 
% design m2,f0z!82 

(a) Subsonic tangential Mach (b) Superso~ic tangential Mach 

FIGURE 9-39 
Typical fan stage maps (Ref. 48). 

cause the multistage compressor to have quite different mass flow versus 
pressure ratiO characteri_stics froin those of one of its stages. The performance 
map of a typical high-pressure-ratio compressor is shown in Fig. 9-40. 

A limitation on fan and compressor performance of special concern is the 
stall or surge line. Steady operation above the iine is impossible, arid entering 
the region even momentarily is dangerous to the compressor and its 
application. 

COMPRESSOR STARTING PROBLEMS. The cross section of a ~ultistage 
compressor is shown in Fig. 9-4L Also shown (in solid lines) at three locations 

150 

.g 100 
e 
!: 
~ 
~ 
0. 

" "" -~ 
'O 

~ 50 

Design point 

80 
90 o/oN/.,/82 

o~~~~-65~~~~~~~~~~~~~ 
20 40 60 80 100 120 FIGURE 9-40 

Typical compressor map. 
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Cross section of a multistage compressor. Rotor-inlet velocity diagrams are shown for inlet, 
middle, and exit stages. 

in the machine are mean-line rotor inlet velocity diagrams for on-design 
operation. The design shown here has a constant mean radius, a constant axial 
velocity, and zero swirl at the rotor-inlet stations. 

Let us apply the continuity equation, which states that the mass flow rate 
is the same at all stations in the compressor. Then, at the inlets to the first and 
last stages, 

or 
U1 = p3A3 

U3 P1A1 
(9-65) 

At the design point, since u3 = u1 , then p3/ p1 =Ad A 3. When the 
compressor is operating at a lower speed, however, it is not able to produce as 
high a density ratio (or pressure ratio) as at design speed; and since the area 
ratio remains fixed, it follows from Eq. (9-65) that the inlet/outlet axial 
velocity ratio must have a value less than that at design. In Fig. 9-41, the 
velocity diagrams shown (in dashed lines) indicate the rotor inlet conditions at 
partial speed. For each of the three stages represented, the blade speed is the 
same, but the inlet stage axial velocity is shown less than that for the outlet 
stage in accordance with Eq. (9-65). Because of the varying axial velocity, it is 
possible for only one stage near the middle of the machine (called the pivot 
stage) to operate with the same angle of attack at all speeds. At lower speeds, 
the blading forward of the pivot stage is pushed toward stall, and the blading 
aft of the pivot stage is windmilling with a tendency toward choking. At speeds 
higher than the design value, these trends are reversed. 

Several techniques have been utilized to reduce the low-speed and 
starting effects: 
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di, 30 
V1R1 = -d U, = -(436.8) = 262.1 m/sec 

2 50 

(3 - t -1 Vrnh - 44 60 
Ih - an - . 

U1 

f311 = tan-1 Vrn, = 63.1° 
U1 

EU~ 0.9 x 436.82 

T13 = T,2 = T,1 +-= 288.16 + = 459.19 K 
· &~ lOM 

(P13/ P,1t'<y-1) - 1 4113.s -1 
~= 81.9% 

T,3/T,1 -1 459.19/288.16 -1 

v2 = c;U, = 0.9 x 436.8 = 393.1 m/sec 

W2 = u1=132.8 m/sec 

V2 = Vw~ + v~ = Vl32.82 + 393.12 = 414.9 m/sec 

~= ~ =5.108 
P. ( T. )yl(y-1) 

P,1 T,1 

Pa= P,3 = 

P,3s Pa 

Pa = 0. 8849 X 5.108 X 101. 3 = 457. 9 kPa 

P,3 = 4.0 x 101.3 = 405.2 kPa 

MFP(M2) = MFP(M2)-v'Rf& 

VRTic 
0.618966 
16. 9115 = 0.040326 

A - mV'f;; 
2 

- P,2 MFP(M2)( cos a 2) 

8\145919 2 

457,900 x p.040326 x 0.9474 = 0.0093 m 

Az 0.0098 
b =-. =--· -=0.624cm 

nd2 n X 0.5 
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TABLE 9-10 
Results for Example 9-8 centrifugal compressor 

~ 
lR 2R 2 3 

~ 
Tr (K) 288.16 296.70/322.36 383.23 459.19 459.19 

(hub/tip) 
T (K) 279.37 279.37 272.50 373.50 455.16 
P, (kPa) 101.3 112.2/150.0 243.1 457.9 405.2 
p (kPa) 90.9 90.9 222.2 222.2 392.9 
M 0.3966 0.557 /0.877 0.361 1.071 0.2105 
v (m/sec) 132.8 186.54/293.82 139.8 414.9 90 
u/w (m/sec) 132.8 132.8 132.8 132.8 
v (m/sec) 0 131.0/262.1 43.7 393.1 
r (cm) 15/30 50.0 50.0 
a (deg) 0 18.67 

f3 (deg) 44.6/63.1 69.1 

MFP(M3) = MFP(M3)\1R7& 

\IR7& ~~.~~~; = 0.014343 

rh~ 8Y459.196 
-------= 0.0295 m2 

405,200 x 0.014343 

683 

The results of this example are summarized in Table 9-10. Note that 
different values of flow properties are listed for the hub and tip at station lR and 
that M2 is supersonic while M 2R is subsonic. 

9-5 AXIAL-FLOW TURBINE ANALYSIS 

The mass flow of a gas turbine engine, which is limited by the maximum 
permissible Mach number entering the compressor, is generally large enough 
to require an axial turbine (even for centrifugal compressors). The axial 
turbine is essentially the reverse of the axial compressor except for one 
essential difference: The turbine flow operates under a favorable pressure 
gradient. This permits greater angular changes, greater pressure changes, 
greater energy changes, and higher efficiency. However, there is more blade 
stress involved because of the higher work and temperatures. It is this latter fact 
that generally dictates the blade shape. 

Conceptually, a turbine is a very simple device since it is fundamentally 
no different from a pinwheel which spins rapidly when air is blown against it. 
The pinwheel will turn in one direction or the other, depending on the 
direction of the impinging air, and a direction can be found for the air which 
causes no rotation at all. Thus it is important to properly direct the airstream if 
the desired motion and speed are to be obtained. 

A modern turbine is merely an extension of these basic concepts. 
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684 GAS TURBINE 

Considerable care is taken to establish a directed flow of fluid of high velocity 
by means of stator blades, and then similar care is used in designing the blades 
on the rotating wheel (the vanes on the pinwheel) so that the fluid applies the 
required force to these rotor blades most efficiently. Conceptually, the turbine 
is a cousin to the pinwheel, but such an analogy gives no appreciation for the 
source of the tremendous power outputs which can be obtained in a modern 
turbine. The appreciation comes when one witnesses a static test of the stator 
blades which direct a gas stream to the rotor of a modern aircraft gas turbine. 
Such a stream exhausting into the quiescent air of a room will literally rip the 
paint off the wall at a point 6 ft away in line with the jet direction. When blades 
of the rotating element are pictured in place immediately at the exit of these 
directing blades, it then becomes difficult to imagine that the rotor could be 
constrained from turning and producing power. 

Terminology can be a problem in the general field of turbomachinery. 
Compressor development grew out of aerodynamics and aircraft wing technol­
ogy, while turbines have historically been associated with the mechanical 
engineers who developed the steam turbine. The symbols as well as the names 
used in these two fields differ, but for consistency and to minimize problems 
for the reader, the turbine will be presented using the nomenclature already 
established in the _beginning of this chapter. Where a term or symbol is in such 
common use that to ignore it would mean an incomplete education, it will be 
indicated as an alternate. Thus turbine stator blades are usually called nozzles 
and rotor blades are buckets. 

In the gas turbine, the high-pressure, high-temperature gas from the 
combustion chamber flows in an annular space to the stationary blades (called 
stators, vanes, or nozzles) and is directed tangentially against the rotating 
blade row (called rotor blades or buckets). A simple single-stage turbine 
configuration with nomenclature is shown in Fig. 9-48a. It is convenient to 
"cut" the blading on a cylindrical surface and look at the section of the stator 
and rotor blades in two dimensions. This leads to the construction of a vector 

I 2 

/.::.:!'~~~-;;;:-... 

Annulus. t ! 
area A 

~""""~ 

FIGURE 9-48a 

Stator Rotor 
Station: I 2 2R 3R 3 

>~ ~Lj·· 
~~~v, 

Typical single-stage turbine and velocity diagram. 
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Turbme rotors 3rd stage . {4th stage 

and blades 2nd stage 

FIGURE 9-48b 
Isometric section of multistage turbine. 

or velocity diagram for the stage (see Fig. 9-48a) which shows the magnitude 
and direction of the gas velocities within the stage on the cylindrical surface. 

In the stator or nozzle, the· fluid is accelerated while the static pressure 
decreases and the tangential velocity of the fluid is increased in the direction of 
rotation. The rotor decreases the tangential velocity in the direction of 
rotation, tangential forces are exerted by the fluid on the rotor blades, and a 
resulting torque is produced on the output shaft. The absolute velocity of the 
fluid is reduced across the rotor. Relative to the moving blades, typically there 
is acceleration of the fluid with the associated decrease in static pressure and 
static temperature. A multistage turbine is made up of consecutive stages, each 
stage consisting of first a nozzle row followed by a rotor row. Figure 9-48b 
shows an isometric section of the four-stage turbine for a two-spool, low­
bypass-ratio turbofan engine. 

The following analysis of the axial-flow turbine stage is performed along 
the mean radius with radial variations being considered. In many axial-flow 
turbines, the hub and tip diameters vary little through a stage, and the hub/tip 
ratio approaches unity. There can be no large radial components of velocity 
between the annular walls in such stages, there is little variation in static 
pressure from root to tip, and the flow conditions are little different at each 
radius. 

For these stages of high hub/tip ratio, the two-dimensional analysis is 
sufficiently accurate. The flow velocity triangles are dra'!"n for the mean-radius 
condition, but these triangles are assumed to be valid for the other radial 
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FIGURE 9-60 
Diagram of 50 percent reaction 
turbine velocity. 

The stage loading coefficient for this turbine with constant axial velocity is 

Liv 
ijJ = - = 2<I> tan a 2 - 1 = 2<I> tan (3 3 - 1 

wr 
(9-85) 

Again, a 2 should be high but is limited to less than 70°. For zero exit swirl 

wr 
tan (3 3 = tan a2 = -

u 
(9-86) 

Thus, for the same wr and v3 = 0, the work per unit mass from a zero-reaction 
turbine is twice that from the 50 percent reaction turbine [compare Eqs. (9-84) 
and (9-86)]. 

General zero-swirl case (constant axial velocity). If the exit swirl is to be zero 
(Fig. 9-61), then a 3 = 0, v 3 = 0, and tan (3 3 = wr/u. From Eq. (9-82), the 

FIGURE 9-61 
Zero-exis-swirl turbine. 
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reaction is then 

oR, = __!!___ (wr _tan /3
2

) =!_utan {3 2 

2wr u 2 2wr 
V2 

1--
2wr 

o V2 ijJ 
R =l--=1--

. ' 2wr 2 
(9-87) 

This equation can be rewritten as 

(9-88) 

Thus high stage loadings give a iow degree of reaction. Ih aircraft gas turbine 
engines, engine weight and performance must be balanced. Weight can be 
reduced by increasing stage loading (reduces the number of turbine stages), 
but this normally leads to a loss in stage efficiency (see Fig. 9-53). 

TURBINE AIRFOIL NOMENCLATURE AND DESIGN METAL ANGLES. 
The nomenclature for turbine airfoil cascades is presented in Fig. 9-62. The 
situation in unchoked turbines is sirriilar to that in compressors except that the 
deviations are markedly smaller owing to the thinner boundary layers. Hence 

O ='Yi+ 'Ye 
I 8~ 

(9-89) 

is a good estimate of the turbine exit deviatiori. More importantly, however, 

Y/t/~ 
s c 

~1 ~-

~\. 
FIGURE 9-62 
Turbine airfoil nomenclature. 

a;-Y;= incidence angle 

a;+ a,= turning angle 

Ye - Ye= 8, = exit deviation 

Yi+ Ye= blade chamber 

Cf= els = solidity 

(J = stagger angle 

ex= axial chord 
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when the turbine airfoil cascade exit Mach number is near unity, the deviation 
is usually negligible because the cascade passage is similar to a nozzle. In fact, 
the suction (or convex) surface of the airfoils often has a fiat stretch before the 
trailing edge, which evokes the name straight-backed. Finally, the simple 
concept of deviation loses all meaning at large supersonic exit Mach numbers 
because expansion or compression waves emanating from the trailing edge can 
dramatically alter the final flow direction. This is a truly fascinating field of 
aerodynamics, but one that requires considerable study. 

STAGE TEMPERATURE RATIO rs. The stage temperature ratio (rs= T;i/7;3) 

can be expressed as follows, by using the definition of the stage loading 
coefficient: 

(9-90) 

Thus, for a given T;1 and wr, the zero-reaction turbine stage will have the 
lower stage temperature ratio (greater work output per unit mass) than a 50 
percent reaction turbine stage. 

STAGE PRESSURE RATIO ns. Once the stage temperature ratio, flow field, 
and airfoil characteristics are established, several avenues are open to predict 
the stage pressure ratio. The most simple and direct method is to employ the 
polytropic efficiency e,. Recall that the polytropic efficiency is 

dh, 'Y dTJT; 
e=---=----
' dh, ideal 'Y - 1 dP,/ P, 

Integration with constant 'Y and e, yields the following equation for the stage 
pressure ratio 

P, (T, )yl[(y-l)e1] 

lrs = ~ = ~ = r}"((y-l)e,] 

P,1 T,1 . 
(9-91) 

where the stage temperature ratio can be obtained from the total temperatures 
or an equation like Eq. (9-90). 

Another approach involves the use of experimental or empirical cascade 
loss correlations, such as those shown in Figs. 9-63 and 9-64, to the stator and 
rotor in order to determine the total pressure loss. The total pressure loss 
coefficient for turbine cascade data is defined as 

(9-92) 
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Turbine stator cascade loss coefficient (a1 = 0). (From J. H. Horlock, Axial Flow Turbines, Ref 
34, by courtesy of Butterworth-Heinmann Limited.) 
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FIGURE 9-64 
Turbine rotor cascade loss coefficient (/32 = {33). (From J. H. Horlock, Axial Flow Turbines, Ref 
34, by courtesy of Butterworth-Heinmann Limited.) 
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where subscripts i and e refer to the inlet and exit states, respectively. This 
equation can be rewritten for the cascade total pressure ratio as 

pte = 1 
P,; 1 + </>,(l - Pel Pre) 

(9-93) 

where Pel Pre depends only upon the usually known airfoil cascade exit Mach 
number Me. Note that the total pressure loss coefficient for the rotor is based 
on the relative total states. The stage total pressure ratio can be written as 

(9-94) 

where </>,stator and </>,rotor are the loss coefficients for the stator and rotor, 
respectively, and the subscripted total pressure ratios are obtained from Eq. 
(9-93) and cascade data. Additional losses are associated with tip leakage, 
annulus boundary layers, and secondary flows. Then, with all the stator, rotor, 
and stage properties computed, the stage efficiency can be computed from Eq. 
(9-76). 

BLADE SP ACING. The momentum equation relates the tangential force of 
the blades on the fluid to the change in tangential momentum of the fluid. This 
force is equal and opposite to that which results from the difference in pressure 
between the pressure side and the suction side of the airfoil. Figure 9-65 shows 
the variation in pressure on both the suction and pressure surfaces of a typical 
turbine airfoil from cascade tests. On the pressure surface, the pressure is 
nearly equal to the inlet total pressure for 60 percent of the length before the 
fluid is accelerated to the exit pressure condition. However, on the suction 
surface, the fluid is accelerated in the first 60 percent of the length to a low 
pressure and then is decelerated to the exit pressure condition. The d.ecelera­
tion on the suction surface is limited and controlled since it can lead to 
boundary-layer separation. 

Enough airfoils must be present in each row that the sum of the 
tangential force on each is equal to the change in tangential momentum of the 
fluid. A simple expression for the relationship of the blade spacing to the fluid 
flow angles is developed in this section based on an incompressible fluid. This 
same expression correlates to the required blade spacing in a turbine stator or 
rotor row. 
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Suction surface 

0 20 40 60 80 
% chord 

P, 

100 

FIGURE 9-65 
Pressure distribution on a turbine cascade 
airfoil. 

Referring to the cascade nomenclature in Fig. 9-62, we see that the 
tangential force per unit depth of blades spaced a distance s apart is 

2 . 
pU;S ( Ue ) -.- tan a; + - tan ae 

gc U; 
(9-95) 

Zweifel (Ref. 47) defines a tangential force coefficient that is the ratio of the 
force given by Eq. (9-95) to the maximum tangential force Fimax that can be 
achieved efficiently. And Fimax is obtained when 

1 . . The pressure on the pressure surface is maintained at the inlet total pressure· 
and drops to the exit static pressure at the trailing edge. 

2. The pressure on the suction surface drops to the exit static pressure at the 
leading edge and remains at this value. 

Thus the maximum tangential force is F1 max = (P1; - Pe)cx, where ex is the axial 
chord of the blade (see Fig. 9-62). For reversible flow of an incompressible 
fluid, F 1 max can be written as 

F = pV~cx = pu;cx 
t max 2gc 2gc cos2 ae 

(9-96) 

The Zweifel tangential force coefficient Z is defined as 

(9-97) 
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From Eqs. (9-95) and (9-96), the equation of Z for a cascade airfoil becomes 

2s 2 ( Ue ) ( U; )
2 

Z=~(cos ae) tana;+-:tanae -
Cx U1 Ue 

For the stator, we write 

(9-98a) 

Likewise for the rotor, we write 

(9-98b) 

Since suction surface pressures can be less than the exit static pressure along 
the blade (see Fig. 9-65), Z values near unity are attainable; By using Eq. 
(9-98), lines of constant Z,cxl s are plotted in Fig. 9-66 versus the relative rotor 
angles /32 and {33• High {3 2 and zero reaction (high stage loading lji, see Fig. 
9-57) give high values of Z,cxf s (see Fig. 9-66) and require high values of 
solidity [o- = c/s = (cx/s)/cos 8]. High solidity at high {3 2 and zero reaction can 
lead tO high total pressure losses (see Fig. 9-64). For no exit swirl (a3 = 0), the 
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FIGURE 9-66 
60 Zcxf s of rotor versus {3 2 and 

f33· 
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FIGURE 9-67 
Low-pressure turbine rotor blade (Ref. 46). 

50 percent reaction stage ( 1fJ = 1) corresponds to {3 2 = 0, the required solidity is 
low (Fig. 9-66), and the total pressure losses are low (Fig. 9-64). Thus the 
turbine design for aircraft engines will be a balance between the number of 
stages (stage loadings) and the turbine efficiency (total pressure losses). 

RADIAL VARIATIONS. Since the mass flow rate per unit area [that is, 
m/A = Pi/(MFPY'1;)] is higher in turbines than in compressors, turbine 
airfoils are correspondingly shorter. The result is little radial variation of 
aerodynamic properties from hub to tip except in the last few stages of the 
low-pressure turbine. Figure 9-67 is the rotor blade of a low-pressure turbine 
which shows radial variation from hub to tip. Typically, the degree of reaction 
varies from near zero at the hub to about 40 percent at the tip. 

If the aerodynamic design of these stages began as free vortex, the swirl 
distribution with radius is the same as for compressors, given by 

~ 
~ 

For constant axial velocity (u 2 = u3 ), the degree of reaction is 

= 1- Vz - V3 

2wr 

v2-v2 
1- 2 3 

2wr(v2 + v3) 

(9-44) 

Substituting Eq. (9-44), we write the degree of reaction at any radius in terms 
of the degree of reaction at the mean radius as 

(9-99) 
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This is the same result as for compressors [Eqs. (9-51) and (9-52)]. Conse­
quently, the most difficult airfoil contours to design would be at the hub of the 
rotating airfoils and at the tips of the stationary airfoils where the degree of 
reaction is low. It is, therefore, possible to find portions of some airfoils near 
the rear of highly loaded (i.e., high work per stage), low-pressure turbines 
where the static pressure actually rises across the cascade and boundary-layer 
separation is hard to avoid. In these cases, turbine designers have used their 
computers to develop nonfree or controlled vortex machines without these 
troublesome regions in order to maintain high efficiency at high loading. 

Due to radial variations, the degree of reaction is lowest at the hub. 
Hence the Zweifel tangential force coefficient of the rotor Zr times cxls will be 
maximum at the hub. Although the blade spacing varies directly with radius, 
Zrcxf s is greatest at the hub and decreases faster than l/r with increasing 
radius. Thus the value of Zrcxf s at the rotor hub determines the spacing and 
number of rotor blades. For the stator, Zscxf swill be greatest at the tip, and its 
value determines the spacing and number of stator blades. 

VELOCITY RATIO VR. The velocity ratio (VR) is defined as the ratio of the. 
rotor speed ( U = wr) to the velocity equivalent of the change in stage total 
enthalpy, or 

U wr 
VR= =---

V2gc f:..h, Y2gc f:..h, 
(9-100) 

The velocity ratio is used by some turbine designers rather than the stage 
loading coefficient !/!, and one can show that 

(9-101) 

. The VR at the mean radius ranges between 0.5 and 0.6 for modern aircraft gas 
turbine engines. This range corresponds to stage loading coefficients !/J between 
1.4 and 2. 

Axial-Flow Turbine Stage 

ANALYSIS. Consider the flow through a single-stage turbine as shown in Fig. 
9-68. For generality, we will allow the axial velocity to change from station 2 to 
3. The flows through the nozzle (stator) and rotor are assumed to be adiabatic. 
For solution, we assume that the following data are known: M2 , Ti1 , Ti3 , wr, 
a 3 , cP, y, and u3/u2. We will develop and write the equations for a general 
axial-flow turbine based on these known data. 
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indeed do, pass through a single point. This fact may be verified by equating 
the numerator and denominator on the right side of the equals sign in Eq. 
(9-124), and this reveals that M3,~ = M2 is independent of either M2 Or ~:s 
provided only that 

7-1 
~b2- 1 7 -~-- (20 - (P2)M2z 

Hence, for each y, there are two values of 0 that satisfy this condition. When 
M3R = Mz = 1.0 and 3* = 1.3, they are 1.072 and -0.82, the former obviously 
being the one that appears in Fig. 9-75 and the latter having no practical use. 
For M3R =M~= 1.2 and 3’ = 1.3, they are 1.102 and -0.746. The physical 
meaning of this convenient convergence is clear enough, namely, that near 
M~--Mz, where the stator and rotor airfoil exit conditions are similar, the 
stage loading parameter 0 must be near unity regardless of the other stage 
parameters. 

MULTISTAGE TURBINE DESIGN. When the required stage loading 
coefficient ~ for a design is greater than 2.0, a single-stage design would 
require a hopeless negative reaction [Eq. (9-87)] and would be impossible to 
design with high aerodynamic efficiency. A desirable multistage design would 
have the total temperature difference distributed evenly among the stages: 

(Art)turbine = (number of stages) x (Art)stage 

This would result in stages with the same stage loading coefficients [Eq. (9-20)] 
and same degree of reaction [Eq. (9-87)] for the same rotor speed U. For .a 
three-stage design, we get 

To obtain the choked flow in the first-stage stator (nozzle), the Mach 
number entering the rotor M2 is slightly supersonic. The Mach numbers in the 
remaining stages are kept subsonic. Ttie net result is that the stage loading of 
the first stage is larger than the loading of any of the other stages. For a 
three-stage design, the stage loading coefficient and degree of reaction of the 
second and third stages are nearly equal. 

Shaft Speed 

The design rotational speed of a spool (shaft) having stages of compression 
driven by a turbine is initially determined by that component which limits the 
speed because of high stresses. For a low-pressure spool, the first stage of 
compression, since it has the greatest AN2, normally dictates the rotational 

speed. The first stage of turbine on the high-pressure spool normally 
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Range of axial-flow turbine design parameters 

Parameter Design range 

High-pressure turbine 

Maximum ANz 4-5 × 10l° inz ¯ ~-pm2 
Stage loading.coefficient 1.4-2.0 
Exit Mach number 0140-0.50 
Exit swiri angle (deg) 0-20 

Low-pressure turbine 
Inlet corrected mass flow rate 

Hub/tip ratio at inlet 

Maximum stag~ loading at hub 
Exit Mach number 
Exit swirl a~gle (deg) 

40-44 lbm/(sec ¯ ft2) 
0.35-0.50 

2.4 
0.40-0.50 

0-20 

TU~BOMACHINERY 727 

determines that spoofs rotational speed because of its high AN2 or high disk 
rim speed at elevated temperature. 

Design Process 

The design Process requires both engineering judgment and knowledge of 
typical design values. Table 9-16a gives the range of design parameter~ for 
axial-flow turbines that can be used for guidance. The comparison of turbines 

TABLE 9:16b 

Comparison of Pratt & Whitney engines 

Parameter JT3D JT9D 

Year of introduction 1961 1970 
Enginebypass ratio 1.45 4.86 
Engine overall pressure ratio 13.6 24.5 
Core engine flow (lb/sec) 187.7 272.0 
High-pressure turbine 

. Inlet temperature (°F) 1745 2500 
Po~;er output (hp) 24,i00 71,700 
Number of stages 1 2 
Average stage loading coefficient 1.72 1.76 
Coolant plus leakage flow (%) 2.5 16.1 

Low-pressure ~urbine 

Inlet temperature (°F) 1410 1600 
Power output (hp) 31,800 61,050 
Number of stages 3 ’ 4 
Average stage loading coefficient 1.44 2.47 
Coo!am plus leakage flow (%) 0.7 1.4 
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TABLE 9-18 
Results for Example 9-14 single-stage axial-flow turbine design 

Station Ih Im It 2h 2m 2t 2Rm 3Rm 3h 3m 3t 

Property 

T, (oR) 3200 3200 3200 3200 3200 3200 2909 2909 2750 2750 2750 
T (oR) 3I25 3I25 3I25 2665 2708 2745 2708 262I 2620 262I 2622 
Pt (psia) I43.I I43.I I43.I I38.8 138.8 138.8 91.8 87.0 68.3 68.3 68.3 
p (psia) I29.I I29.l I29.I 62.8 67.4 71.5 67.4 55.4 55.4 55.4 55.5 
M 0.400 OAOO 0.400 1.157 1.100 l.05I 0.702 0.855 0.574 0.572 0.571 
v (ft/sec) 1057 1057 1057 2823 2705 2602 I727 2069 1389 1385 138I 
u (ft/sec) 1057 1057 I057 I353 1353 1353 1353 1353 1353 1353 1353 
v (ft/sec) 0 0 0 2477 2343 2222 I073 I566 3I6 296 278 
a (deg) 0 0 0 61.36 60.00 58.67 13.I4 I2.33 Il.61 

/3 (deg) 38.42 49.17 
Radii (in) 18.25 19.05 19.85 18.02 19.05 20.08 19.05 19.05 17.83 19.05 20.27 

Hub: 0 R, = 0.0990 A 1 =190. 78 in2 

Mean: 0 R, = 0.1939 A 2 = 247.52 in2 

Tip: 0 R, =0.2746 A 3 = 291.11 in
2 

M,R,=0.875 r, = 0.8593 71:, =0.4770 "'= 2.0776 <P = 1.0652 

1), = 89.57% AN2 at 2 = 1.44 X 1010 in2 
• rpm2 

Computer calculations yield the single-stage turbine summarized in Table 9-18 
with hub and tip tangential velocities based on free-vortex swirl distribution. 
This is a viable single-stage design· with moderate exit . swirl a 3 , positive 
reaction, and subsonic M3R at the tip. 

This design gives a blade ANz of 1.44 x 1010 inz · rpmz and hub speed of 
1201 ft/sec. This ANz value is well within the limits of cooled turbine materials, 
and the low hub speed is below the limiting speed of turbine disk materials. 

A cross-sectional sketch of the single-stage turbine designed above and 
plotted by the computer program TURBN is shown in Fig. 9-76. Note that this 
sketch does not show the required exit guide vanes that will turn the flow back 
to axial. The estimated axial length L shown in Fig. 9-76 is based on the input 
values of Zand c/h for the stator and rotor blades and the scaling relationships 
of Fig. 9-69. For the input values of Z and c/h, the resulting solidity at the 
mean radius, number of blades, and chord length for the stator and rotor are as 
follows: 

Stator 
Rotor 

Solidity 

0.979 
1.936 

Number of blades 

64 
103 

Chord (in) 

1.831 
2.250 
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Data File: D:,TURBH\DESIGHl.DAT 
Size: 3 
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TR = 9.8593 
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Press <p> to print screen or <Esc> to exit screen 

FIGURE 9-76 
Sketch of cross section for single-stage turbine design. 

The selected axial chord and number of blades for the stator or rotor depend 
on many factors (e.g., flow through the blades, vibration, blade attachment). 
Figure 9-77 shows the computer sketch of the blades at the mean radius, using 
C4 base profiles. 

TWO-STAGE DESIGN. In a two-stage design, the stage loading coefficients if! 
are lower and the temperature ratios 'fs are higher than those for a single-stage 
design. This results in higher reactions, less turning of the flow, and lower loss 
coefficients. For good flow control of the turbine, the first-stage stator (nozzle) 
should be choked which requires that M2 for this stage be supersonic. 
Inspection of Fig. 9-75 shows that at low if! and high -r,, the value of M3R is a 
little less than M2-thus, we will want to select a low supersonic value of M2 

(about 1.05) for the first stage. A balanced design would have about the same 
a 2 values for both stages with the first-stage M 3Rt below 0.9. 

The two-stage turbine will be designed with a 17.04 in mean radius (same 
as multistage compressor) at an rpm of 7640 (w = 800 rad/sec), giving a mean 
rotor speed Um= wrm of 1136ft/sec. An initial starting point for the design of 
this two-stage turbine is constant axial velocity through the rotor (u3 = u2), 

zero exit swirl (a3 = 0), and a second-stage M2 of 0.7. The stage loading 
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TURBOMACHINERY 733 

Stage: 1 Stator Rotor 
Inlet: 0.0 38.4 
Exit: 68.7 57.8 
Thickness: 10.0% 10.0x 
Prof Ile: C4 C4 
ChordCin): 1.83 2.25 

50% 

Press <p> to print screen, <Esc> to exit screen, or <Enter> to replot 

FIGURE 9-77 
Sketch of blades for single-stage turbine design. 

coefficients and other flow properties depend on the split in temperature drop 
between the stages. Calculations were performed by using the computer 
program TURBN with a 2 unknown at different values of the temperature 
leaving the first-stage turbine. The resulting a 2 and M3R, values are listed in 
Table 9-19. An interstage temperature of 2925°R gives a balance design for a 2 

values with the first stage M3R, above 0.9. The value of M3R1 can be reduced by 
selecting a value for the axial velocity ratio u3 /u2 less than unity. 

TABLE 9-19 
Variation of stage parameters with interstage temperature for 
Example 9-14 two-stage design 

Stage 1 <---- Stage 2 

T,3 (oR) 
"' rs a 2 (deg) M3Rt i/1- rs a 2 (deg) 

2875 1.8750 0.8984 55.0 0.7774 1.0034 0.9565 28.61 
2900 1.7307 0.9063 49.12 0.8467 0.8659 0.9482 34.90 
2925 1.5865 0.9141 43.88 0.9068 1.0102 0.9401 41.65 
2950 1.4423 0.9219 39.06 0.9587 1.1544 0.9322 49.13 
2975 1.2981 0.9297 34.55 1.0034 1.2986 0.9243 57.90 
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One advantage of the variable~area ~xhaust nozzle is that it improves the 
starting of the engine. Opening the nozzle throat area to its maxirrium value 
reduces the backpressure on the turbine and increases its expansion ratio. Thus 
the necessary turbine power for starting operation may be produced at a lower 
turbine inlet temperature. Also, since the backpressure on the gas generator is 
reduced, the cbmpressor may be started at a lower engine speed, which 
reduces the required size .of the engine starter. 

EXHAUST NOZZLE AREA RATIO. Maximum engine thrust is realized for 
ideal flow . when ihe exhaust nozzle flow is expap.ded to ambient pressure 
(Pe ~ P0). When the rioizle pressure ·ratio is above chokirig, supersonic 
expansiqn occurs between aft-facing surfaces. A small amount of underexpan­
sion is less harmful to aircraft and engirie performance than overexpansicin. 
Overexpansiori can produce regions of separated flow in the noizle and on the 
aft end. of the aircraft, reducing aircraft performance. 

The exhaust nozzle pressure ratio Piel P0 is a strong function of flight 
Mach number. Whereas convergent nozzles are usually. used on subsoniC 
aircraft, convergenFdivergent nozzles are usually used for supersonic aircraft. 
When afterburning engine operation is required, complex variable-geometry 
nozzles must be used (see Fig. 10~52). Most of the nozzles sh,own in Fig. 10-54 
are convergent~divergent nozzles with variable throat and exit areas. The 

Short convergent Iris Con-di iris 

.... ·.· ~.·~ ~· .. 
' ' ----- = --- ~ - ·-· -·- ~?-·- -·-··~ ·-.. ~ .. ~ .. 

. . . 
- - - ' u, tt7 t ' - - - - . . - - - -

Simpfo ejector Fully variable ejector Blown-in-door ejector 

. Max A/B, 
----4:- - . · Low M 

- ~MaxA!B, 
~~= 
~J~--

HighM 

Plug Isentropic ramp 

~:.. ____ ~· .. ·. --
"""\;.~- ....,... ~. ------
~----- . -----

FIGURE 10-54 
Typical nozZie concepts for afterburning engines (Ref. 62). 
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. Deployed 

-~)=<)~~\ 
-))) Blocl= - ~) FIGURE 10-55 

~ascade reverse Clamshell reverser Thrust reversers (Ref. 62). 

throat area of the nozzle is controlled to satisfy engine backpressure 
requirements, and the exit area is scheduled with the throat area. The 
sophisticated nozzles of the F-15 and B-1 aircraft have two schedules: a 
low-speed mode and a high-speed mode (Ref. 62). 

THRUST REVERSING AND THRUST VECTORING. The need for thrust 
reversing and thrust vectoring is normally determined by the required aircraft 
and engine system performance. Thrust reversers are used on commercial 
transports to supplement the brakes. In-flight thrust reversal has been shown to 
enhance combat effectiveness of fighter aircraft (Ref. 62). 

Two basic types of thrust reversers are used: the cascade-blocker type 
and the clamshell type (Fig. 10-55). In the cascade-blocker type, the primary 
nozzle exit is blocked off, and cascades are opened in the upstream portion of 
the nozzle duct to reverse the flow. In the clamshell type, the exhaust jet is split 
and reversed by the clamshell. Since both types usually provide a change in 
effective throat area during deployment or when deployed, most reversers are 
designed such that the effective nozzle throat area increases during the brief 
transitory period, thus preventing compressor stall. 

The exhaust system for the Concorde is shown in Fig. 10-56. There are 
two nozzles, a primary nozzle and a secondary nozzle. The secondary nozzle is 
positioned as a convergent nozzle for takeoff and as a divergent nozzle for 
supersonic cruise. The modes of operation for this exhaust system are shown in 
Fig. 10-49 along with the inlet. 

Development of thrust vectoring nozzles for combat aircraft has in­
creased in the last decade. Vectoring nozzles have been used on vertical 
takeoff and landing (VTOL) aircraft, such as the AV-8 Harrier, and are 
proposed for future fighters to improve maneuvering and augment lift in 
combat. Thrust vectoring at augmented power settings is being developed for 
use in future fighters. However, cooling of the nozzle walls in contact with the 
hot turning or stagnating flows is very difficult and will require increased . 
amounts of nozzle-cooling airflow. The operation of the Pratt & Whitney 
F119-PW-100 augmented turbofan engine's thrust vectoring nozzle is shown in 
Fig. 10-57. This two-dimensional nozzle was developed for use in the F-22 
Advanced Tactical Fighter. 
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3 

Details of the exhaust system: (I) tertiary doors; (2) nozzle in supersonic configuration; 
(3) subsonic configuration; (4) thrust reverse buckets; (5) primary nozzle; (6) silencer 
lobes; (7) secondary nozzle 

FIGURE 10-56 
Concorde exhaust system. 

Figure 10-58 shows the schematic of a two-dimensional convergent­
divergent nozzle with thrust vectoring of ±15° and thrust reversing. This is 
typical of the capabilities sought for use in future fighter aircraft. 

Nozzle Coefficients 

Nozzle performance is ordinarily evaluated by two dimensionless coefficients: 
the gross thrust coefficient and the discharge or flow coefficient. Figure 10-59 
shows a convergent-divergent exhaust nozzle with the geometric parameters 
used in the following definitions of nozzle coefficients. Only total pressure 
losses downstream of station 8 are included in the gross thrust coefficient. 

GROSS THRUST COEFFICENT. The gross thrust coefficient C18 is the ratio of 
the actual gross thrust Pg actual to the ideal gross thrust F8 icteai. or 

C = F;;actual 
fg-

F'gideal 

(10-17) 
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FIGURE 10-57 
Pratt & Whitney F119-PW-100 turbofan engine with two-dimensional thrust vectoring nozzle. 
(Courtesy of Pratt & Whitney.) 

Empirically derived coefficients are applied to Eq. (10-17) to account for 
the losses and directionality of the actual nozzle flow. Each engine organization 
uses somewhat different coefficients, but each of the following basic losses is 
accounted for: 

0 Thrust loss due to exhaust velocity vector angularity 

• Thrust loss due to the reduction in velocity magnitude caused by friction in 
the boundary layers 

• Thrust loss due to loss of mass flow between stations 7 and 9 from leakage 
through the nozzle walls 

• Thrust loss due to flow nonuniformities 

DISCHARGE OR FLOW COEFFICIENT. The ratio of the actual mass flow ms 
to the ideal mass flow ms; is called the discharge coefficient CD: 

~ 
~ 

(10-18) 
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A can system consists of one or more cylindrical burners, each contained 
in a burner case. Because of its modular design, the can system was used 
during the early development of the turbojet engine. The cannular system 
consists of a series of cylindrical burners arranged within a common annulus­
hence, the name cannular. This burner type was the most common in the 
aircraft turbine engine population, but has been replaced with the annular 
type in most modem engines. Most modem main burner systems employ the 
annular design wherein a single burner having an annular cross section supplies 
gas to the turbine. The improved combustion zone uniformity, design 
simplicity, reduced linear surface area, and shorter system length provided by 
the common combustion annulus have made the annular burner the leading 
contender for all future propulsion systems. 

Main Burner Components 

The turbine engine main burner system consists of three principal elements: 
the inlet diffuser, the dome and snout or cowl, and the liner. In addition, 
important subcomponents are necessary: the fuel injector, igniter, burner case, 
and primary swirler, if used. The term combustion zone is used to designate 
that portion of the main burner within the dome and liner. These elements are 
illustrated in Fig. 10-76. 

The purpose of the inlet diffuser is to reduce the velocity of the air exiting 
the compressor and deliver the air to the combustion zone as a stable, uniform 
flow field while recovering as much of the dynamic pressure as possible. The 
inlet diffuser represents a design and performance compromise relative to 
required compactness, low-pressure loss, and good flow uniformity. Early inlet 

Igniter 

Cooling holes 
Primary holes 

FIGURE 10-76 
Main burner components (Ref. 62). 
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diffuser designs were of the smooth curved wall or contoured wall type. 
Because of the wide variations in the characteristics of the flow field exiting 
the compressor, however, the curved wall diffuser cannot always provide 
uniform, nonseparated flow at all operating conditions. This can become a 
critical problem in the short-length diffusers required of many current systems. 
Consequently, a trend toward dump, or combination curved wall and dump, 
diffuser designs is occurring. Although this design results in somewhat higher 
total pressure losses, it provides a known and constant point of flow separation 
at the dump plane, which prevents stalled operation at all diffuser entrance 
conditions. 

The snout divides the incoming air into two streams: primary air and the 
other airflows (intermediate, dilution, and cooling air). The snout streamlines 
the combustor dome and permits a larger diffuser divergence angle and 
reduced overall diffuser length. 

The combustor dome is designed to produce an area of high turbulence 
and flow shear in the viCinity of the fuel nozzle to finely atomize the fuel spray 
and promote rapid fuel/air mixing. There are two basic types of combustor 
domes: bluff body and swirl-stabilized. The bluff-body domes were used in 
early main burners, but swirl-stabilized domes are used in most modern main 
burners. 

The combustion process is contained by the liner. The liner also allows 
introduction of intermediate and dilution airflow and the liner's cooling 
airflow. The liner must be designed to support forces resulting from pressure 
drop and must have high thermal resistance capable of continuous and cyclic 
high-temperature operation. This requires use of high-strength, high­
temperature, oxidation-resistant materials (e.g., Hastalloy X) and cooling air. 

Fuel injectors can be classified into four basic types according to the 
injection method utilized: pressure-atomizing, air blast, vaporizing, and 
prernix/prevaporizing. The first two methods are the most common and are 
described below, but the reader is directed to other references (e.g., Ref. 32) 
for a description of the other two methods. In past main burner designs, the 
most common method of fuel injection was pressure atomizing, which can 
provide a large flow range with excellent fuel atomization when fuel system 
pressures are high (500psi above main burner pressure). The pressure­
atomized system is susceptible to fuel leaks (due to high fuel pressures) and 
plugging of orifices from fuel contaminants. Most modern main burner designs 
incorporate the air-blast atomizing fuel injector which achieves fuel atomiza­
tion and mixing through the use of primary air momentum with strong swirling 
motion. The air-blast atomizing fuel injector requires lower fuel pressures (50 
to 200 psi above main burner pressure) than the pressure-atomizing type. 

Spark igniters, similar to automotive spark plugs, are used to ignite the 
cold, flowing fuel/air mixture in main burners. These spark igniters produce 4 
to 12 J of ignition energy and require several thousand volts at the plug tip. 
Main burner starting redundancy is typically provided by use of at least two 
spark lighters. 
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Primary air Intermediate air 
FIGURE 10-77 
Main burner airflow distribution (Ref. 62). 

Airflow Distribution and Cooling Air 

· This section identifies and briefly describes the airflow distribution terminology 
in, around, and through the main burner, resulting in the four basic airflow 
regions illustrated in Fig. 10-77. Effective control of this air distribution is vital 
to the attainment of complete combustion, stable operation, correct burner exit 
temperature profile, and acceptable liner temperatures for long life. 

Primary air is the combustion air introduced through the dome or head 
plate of the burner and through the first row of liner airholes. This air mixes 
with the incoming fuel, producing the locally near-stoichiometric mixture 
necessary for optimum stabilization and operation. To complete the reaction 
process and consume the high levels of primary zone CO, H-, and unburned 
fuel, intermediate air is introduced through a second row of liner holes. The 
reduced temperature and excess oxygen cause CO and H- concentrations to 
decrease. In contemporary systems, the dilution air is introduced at the rear of 
the burner to reduce the high temperature of the combustion gases. The 
dilution air is used to carefully tailor exit temperature radial and circumferen­
tial profiles to ensure acceptable turbine durability and performance. This 
requires minimum temperatures at the turbine root (where stresses are 
highest) and at the turbine tip (to protect seal materials). However, modern 
and future main burner exit temperature requirements are necessitating 
increased combustion air in the primary and intermediate zones; thus, dilution 
zone airflow is necessarily reduced or eliminated to permit these increases. 

Cooling air must be used to protect the burner liner and dome from the 
high radiative and convective heat loads produced within the burner. This air is 
normally introduced through the liner such that a protective blanket or film of 
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TABLE B-2 
Data for some military turbofan engines >-

'tl 
'tl 
tT1 z 

Max./mil. power @ SLS Maximum 0 x 
tp 

Thrust TSFC Airflow OPR D L Weight TIT FPR BR 
Model no. (lb) [(Ihm/hr) /lbf) (lb/sec) lrc (in) (in) (lb) (°F) lrt a Remarks 

FlOO-PW-229 29,000/17,800 2.05/0.74 248 23.0 47 191 3,036 2,700 3.8 0.4 F-15, F16 
F101-GE-102 30,780/17 ,390 2.460/0.562 356 26.8 ·55.2 180.7 4,448 2,550 2.31 1.91 B-JB 
F103-GE-101 51,711 0.399 1,476 30.2 86.4 173 8,768 2,490 4.31 KC-10A 
F107-WR-101 635 0.685 13.6 13.8 12 48.5 141 - 2.1 1.0 Air Launch Cruise Missile 
F108-CF-100 21,634 0.363 785 23.7 72 115.4 4,610 2,228 1.5 6.0 KC-135R 

Fl 10-GE-100 28,620/18,330 2.08/1.47 254 30.4 46.5 182 3,895 2.98 0.80 F-16 
Fl 17-PW-100 41,700 0.33 31.8 84.5 146.8 7,100 - - 5.8 (PW2040) C-17A 
F118-GE-100 19,000 - - - - - - - - - B-2 
F404-GE-FID 10,000 - 25 34.5 87 1,730 - F-117A 
F404-G E-400 16,000 - 25 35 159 - - - 0.34 F-18, F-5G 

JT3D-3B 18,000 0.535 458 13.6 53 136.4 4,300 1,600 1.74 1.37 (TF33-102) EC/RC-135 
JT8D-7B 14,500 0.585 318 16.9 45 123.7 3.252 1,076 - 1.03 C-22, C-9, T-43A 
TF30-P-111 25,100/14,560 2.450/0.686 260 21.8 49 241.7 3,999 2,055 2.43 0.73 F-111F 
TF33-P-3 17,000 0.52 450 13.0 53 136 3,900 1,600 1.7 1.55 B-52H 
TF33-P-7 21,000 0.56 498 16.0 54 142 4,650 1,750 1.9 1.21 C-141 

TF34-G E-100 9,065 0.37 333 20.0 50 JOO 1,421 2,234 1.5 6.42 A-10 
TF39-GE-1 40,805 0.315 1,549 26.0 100 203 7,186 2,350 1.56 8.0 C-5A 
TF41-A-1B 14,500 0.647 260 20.0 40 114.5 3,511 2.165 2.45 0.76 A-7D,K 
TFE731-2 3,500 0.504 113 17.7 40 50 625 1.54 2.67 C-21A 

OPR =overall pressure ratio FPR = fan pressure ratio TSFC = thrust specific-fuel consumption TIT= turbine inlet temperature BR= bypass ratio. 

Sources: Reference 86 and manufacturers' literature. 
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TABLE B-3: 
Data for some civil gas turbine engines 

Takeoff Cruise 

Thrust OPR Airflow Alt. Thrust TSFC Aircraft 
Model no. Manufacturer (lb) BR nc (lb/sec) (kft) Mo (lb) [(lbm/hr)/lbf] application 

CF6-50C2 General Electric 52,500 4.31 30.4 1,476 35 0.80 11,555 0.630 DCl0-10, A300B, 747-200 
CF6-80C2 General Electric 52,500 5.31 27.4 1.650 35 0.80 12,000 . 0.576 767-200, -300, -200ER 
GE90-B4 · General Electric 87,400 8.40 39.3 3.037 35 0.80 17,500 777 
JT8D-15A Pratt & Whitney 15,500 1.04 16.6 327 30 0.80 4,920 0.779 727, 737, DC9 
JT9D-59A Pratt & Whitney 53,000 4.90 24.5 1.639 35 0.85 11,950 0.646 DCl0-40, A300B, 747-200 

PW2037 Pratt & Whitney 38,250 6.00 27.6 1.210 35 0.85 6,500 0.582 757-200 
PW4052 Pratt & Whitney 52,000 5.00 27.5 1,700 767, A310-300 
PW4084 Pratt & Whitney 87,900 6.41 34.4 2,550 35 0.83 777 
CFM56-3 CFM International 23,500 . 5.00 22.6 655 35 0.85 4,890 0.667 737-300, -400, -500 
CFM56-5C CFM International 31,200 6.60 31.5 1.027 35 0.80 6,600 0.545 A340 

RB211-524B Rolls Royce 50,000 4.50 28.4 l.513 35 0.85 11,000 0.643 LlOl l-200, 747-200 
RB211-535E Rolls Royce 40,100 4.30 25:8 1.151 35 0.80 8,495 0.607 757-200 
RB211-882 Rolls Royce 84,700 6.01 39.0 2.640 35 0.83 16,200 0.557 777 
V2528-D5 · International Aero Engines 28,000 4.70 30.5 825 35 0.80 5,773 0.574 MD-90 
ALF502R-5 Textron Lycoming 6,970 5:70 12.2 25 0.70 2,250 0.720 BAe 146-100, --200 

TFE731-5 Garrett 4,500 3.34 14.4 140. 40 0.80 986 0.771 BAe 125-800 
PW300 Pratt & Whitney Canada 4,750 4.50 23.0 180 40 0.80 1,113 0.675 BAe 1000 
FJ44 Williams Rolls 1,900 3.28 12.8 63.3 30 0.70 600 0.750 :» 
Olympus 593 Rolls Royce/SNECMA 38,000 0 *11.3 410 53 2.00 10,030 1.190 Concorde 

.,, .,, 
f71 z 
0 

OPR = overall pressure· ratio TSFC = thrust specific fuel consumption BR= bypass ratio. >< 
*At cruise. IJ:l 
Sources: Reference 87 and .manufacturers' literature. 
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TABLE B-4 
Temperature/pressure data for some engines 

Engine: Pegasus JT3D JTSD JT9D FlOO-PW-100 
Type: Turbofan J57 Turbofan Turbofan Turbofan Turbofan 
Exhaust: Separate Turbojet Separate Mixed Separate Mixed w/AB 

P,2 (psia) 14.7 14.7 14.7 14.7 14.7 13.l 
T,2 (°F) 59 59 59 59 59 59 
P,25 (psia) 36.1 54 63 60 32.l 

T,2.5 (°F) 242 330 360 355 210 
P, 13 (psia) 36.5 26 28 22.6 39.3 
T,13 (oF) 257 170 190 130 297 
P,3 (psia) 216.9 167 200 233 316 316 
T,3 (°F) 708 660 715 800 880 1,014 
P,4 (psia) 158 190 220 302 304 
T,4 (°F) 1,028 1,570 1,600 1,720 1,970 2,566 
P,5 or P,6 (psia) 29.3 36 20.9 38.0 
T,5 or T,6 (°F) 510 1,013 850 1,368 
P, 16 (psia) 36.8 
T,16(0F) 303 
P16A (psia) 29 37.5 
T,6A (oF) 890 960 
P0 (psia) 31.9 28 29 20.9 33.8 
T,1 (°F) 2,540 890 890 850 3,204 
P, 17 (psia) 36.5 26 22.4 
T,17 (oF) 257 170 130 
Bypass ratio a 1.4 n/a 1.36 1.1 5.0 0.69 
Thrust (lb) 21,500 16,000 18,000 14,000 43,500 23,700 
Airflow (lb/sec) 444 167 460 315 1,495 224 

Sources: Reference 88 and manufacturers' literature. 
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M 4c!L*/D I/!* T/T* P,/F, PIP* M 

3.00 0.522159 1.236568 0.428571 4.234568 0.218218 3.00 
3.02 0.525162 1.238290 0.424917 4.315989 0.215847 3.02 
3.04 0.528125 1.239993 0.421301 4.398950 0.213512 3.04 
3.06 0.531048 1.241677 0.417723 4.483475 0.211214 3.06 
3.08 . 0.533932 1.243343 0.414182 4.569587 0.208951 3.08 
3.10 0.536777 1.244989 0.410678 4.657311 0.206723 3.10 

3.12 0.539584 1.246618 0.407210 4.746670 0.204529 3.12 
3.14 0.542353 1.248228 0.403779 4.83 7689 0.202368 3.14 
3.16 0.545086 1.249820 0.400384 4.930393 0.200240 3.16 
3.18 0.547783 1.251394 0.397025 5.024808 0.198144 3.18 
3.20 0.550444 1.252951 0.393701 5.120957 0.196080 3.20 

3.22 0.553070 1.254490 0.390411 5.218868 0.194046 3.22 
3.24 0.555661 1.256012 0.387157 5.318566 0.192043 3.24 
3.26 0.558218 1.257517 0.383936 5.420078 0.190069 3.26 
3.28 0.560741 1.259005 0.380749 5.523429 0.188125 3.28 
3.30 0.563232 1.260477 0.377596 5.628647 0.186209 3.30 

3.32 0.565690 1.261932 0.374476 5.735759 0.184321 3.32 
3.34 0.568116 1.263371 0.371388 5.844792 0.182460 3.34 
3.36 0.570510 1.264794 0.368333 5.955774 0.180626 3.36 
3.38 0.572874 1.266201 0.365310 6.068734 0.178819 3.38 
3.40 0.575207 1.267592 0.362319 6.183699 0.177038 3.40 

3.42 0.577510 1.268968 0.359359 6.300698 0.175282 3.42 
3.44 0.579783 1.270328 0.356430 6.419760 0.173552 3.44 
3.46 0.582027 1.271674 0.353532 6.540915 0.171845 3.46 
3.48 0.584242 1.273004 0.350664 6.664192 0.170163 3.48 
3.50 0.586429 1.274320 0.347826 6.789621 0.168505 3.50 

3.52 0.588588 1.275621 0.345018 6.917231 0.166870 3.52 
3.54 0.590720 1.276907 0.342239 7.047055 0.165258 3.54 
3.56 0.592825 1.278180 0.339489 7.179122 0.163668 3.56 
3.58 0.594903 1.279438 0.336768 7.313463 0.162100 3.58 
3.60 0.596955 1.280682 0.334076 7.450111 0.160554 3.60 

3.62 0.598981 1.281913 0.331411 7 .589097 0.159029 3.62 
3.64 0.600982 1.283130 0.328774 7 .730452 0.157524 3.64 
3.66 0.602957 1.284334 0.326165 7.874211 0.156041 3.66 
3.68 0.604909 1.285524 0.323583 8.020404 0.154577 3.68 
3.70 0.606836 1.286701 0.321027 8.169066 0.153133 3.70 

3.72 0.608739 1.287866 0.318498 8.320230 0.151709 3.72 
3.74 0.610618 1.289018 0.315996 8.473930 0.150303 3.74 
3.76 0.612474 1.290157 0.313519 8.630199 0.148917 3.76 
3.78 0.614308 1.291283 0.311068 8.789073 0.147549 3.78 
3.80 0.616119 1.292398 0.308642 8.950585 0.146199 3.80 

3.82 0.617908 1.293500 0.306241 9.114772 0.144867 3.82 
3.84 0.619675 1.294590 0.303865 9.281668 0.143552 3.84 
3.86 0.621421 1.295669 0.301514 9.451309 0.142255 3.86 
3.88 0.623145 1.296735 0.299186 9.623732 0.140974 3.88 
3.90 0.624849 1.297791 0.296883 9.798973 0.139710 3.90 

3.92 0.626532 1.298834 0.294603 9.977069 0.138463 3.92 
3.94 0.628195 1.299867 0.292346 10.15806 0.137231 3.94 
3.96 0.629838 1.300888 0.290113 10.34197 0.136015 3.96 
3.98 0.631461 1.301899 0.287902 10.52886 0.134815 3.98 
4.00 0.633065 1.302899 0.285714 10.71875 0.133631 4.00 
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APPENDIX 

J 
TURBO MACHINERY 
STRESSES AND 
MATERIALS 

J-1 INTRODUCTION 

Even though the focus of this textbook is the aerothermodynamics of the gas 
turbine engine, the importance of the engine structure is also very significant. 
Because of its importance, this appendix addresses the major stresses of the 
rotating components and the properties of materials used in these components. 
The rotating components of the compressor and turbine have very high 
momentum, and failure of one part cao be catastrophic, with a resulting 
destruction of the engine and, in the extreme, the aircraft. This is especially 
true of the "critical" parts of the turbomachinery such as the long first-stage 
fan blades and the heavy airfoils and disks of the cooled high-pressure turbine. 

Over their lives, the rotating parts must endure in a very harsh 
environment where the loads are very dependent on the engine use. For 
example, an engine developed for a commercial aircraft will not be subjected 
to as many throttle excursions as one developed for a fighter aircraft. As a 
result, the "hot section" [combustor and turbine(s)] of the fighter engine will 
be subjected to many more thermal cycles per hour of operation than that of 
the commercial aircraft. 

The main focus of the analytical tools developed in this appendix is on 
the fundamental source of stresses in rotating components-the centrifugal 
force. To get some idea of the brutal climate in which these components must 
live, the centrifugal force experienced by an element of material rotating at 
10,000 rpm with a radius of lft (0.3 m) is equivalent to more than 34,000 g. 
Yet, there are many other forces at work that can consume the life of (or 
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destroy) rotating parts, all of which must be considered in the design process. 
Some of the most important include: 

• Stresses due to bending moments like those due to the lift on the airfoils or 
pressure differences across disks. 

• Buffeting or vibratory stresses that occur as the airfoils pass through 
nonuniform incident flows such as the wakes of upstream blades. This can be 
most devastating when the blade passing frequency coincides with one of the 
lower natural frequencies of the airfoils. 

• Airfoil or disk flutter, an aeroelastic phenomenon in which a natural 
frequency is spontaneously excited, the driving energy being extracted from 
the flowing gas. This is most often found in fan and compressor rows, and 
once it has begun, the life of the engine is measured in minutes. 

• Torsional stresses that result from the transfer of power from the turbine to 
the compressor. 

• Temperature gradients that can give rise to very high stresses. These can be 
very extreme during throttle transients when the engine is moving from one 
power setting to another. These cyclic thermal stresses extq1ct life from 
components, especially in the hot section of fighter engines. This is 
commonly called thermal or low-cycle fatigue. 

Rotor 
airfoil 

Hub,....... ___ ......., 

_ rh + r1 rm- --
2 

I 
r 

r-~:1..J---~ rm 

/ ,. 
Disk 

wr 

rr 

_l-_--S-haf-t --rs._.___.____._ 

Centerline 
FIGURE J-1 
Turbomachinery rotor nomenclature. 
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¯ Local stress concentrations which result from holes, slots, corners, and 
cracks--the most feared of all. 

¯ Foreign object damage (FOD) and domestic object damage (DOD) that 
result from external and internal objects, respectively. The need to withstand 
FOD or DOD can dramatically impact ~he design. The use of lightweight, 
nonmetallic materials for large fan blades has been prevented for several 
decades due to requirement that they withstand bird strikes. 

Each of the above areas and many others are included in the design of 

engine components and material selection. After these are accounted for, an 
allowable working stress is developed and commonly used for the principal 
tensile stresses alone. 

The next section analyzes dominant stresses in the rotating components. 
Figure J-1 depicts a turbine rotor with its airfoils, rim, and disk. A compressor 
or fan rotor is constructed similarly. However, the portion of the airfoil stresses 
carried by the compressor or fan’s rim is much greater than that of a turbine 
rotor; hence, its disk is either much smaller or nonexistent. We consider the 
principal stresses of each part, starting with the airfoils. 

J-2 TURBOMACHINERY STRESSES 

Rotor Airfoil Centrifugal Stress oc 

We start by considering the force in an airfoil at a cross section (see Fig. J-2). 
At any radius r, the force must restrain the centrifugal force on all the material 

I Centrifugal 

Rotor airfoil    I       ~ 
cross-sectional !       I 
area      ¯ ~ ~/~ 

Hub 

dF 

FIGURE J-2 
Rotor airflow centrifugal stress 

nomenclature. 
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beyond it. Thus the hub or base of the airfoil must experience the greatest 
force. The total centrifugal force acting on Ah is 

= pto2A~rdr (J-l) 

so that the principal tensile stress is 

(J-2) 

The airfoil cross-sectlonal area usually taper~ down or reduces with 
increasing radius, which, according to Eq. (J-2), has the effect of reducing 
If the taper is linear, we Can Write 

(J-3) 

and Eq. (J-2) becomes 

where A is the flow path annulus area ~r(r,~ - r~). Integration of Eq. (J-4) gives 

pw2A [2 2( Ate(1 1~)] (J-5) °’c" 47r    -5 1--Ah/\ +l +rh/r, 

Equation (J-5) has an upper limit (co?responding to rh/r, = 1) of 

po~ZA( A,) 

~r c - 
4 ~r 1 + --~hh 

(J-6) 

This equation reveals the basic characteristic tha~ o-c is proportional to pto2A. It 

also shows that tapering can, at most, reduce the stress of a straight airfoil (i.e., 
A, = Ah) by half (i.e., A, = 0). 

Common practice in the industry is to refer to w2A as the term AN2 

because it is easy to-calculate and use. The COMPR computer program 
c~lculates and outputs AN2 for each stage for proper material selection. The 
TURBN computer program permits the turbine tO be sized based on a user 
input value of AN~. When anothersizing criterion is used in TURBN, the 
value of AN2 is calculated and output for each s[age. 

We note that 

AN~ = Ato~ (J-7) 
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